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PREFACE
This report covers the effort on Phase II of the "Feasibility and Para-
metric Design Study of the Application of a Station-Keeping System to
Passive Communications Satellites" contract: NAS 1-3131 between the
Westinghouse Defense and Space Center, Aerospace Division, and Langley
Research Center of the National Aeronautics and Space Administration.
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1. INTRODUCTION
General Description of Program
This study is concerned with the feasibility and the parametric design
characteristics of the application of a station-keeping system to communication
satellites. The principle involved is the controlled use of unsymmetrical
forces on the satellite derived from direct solar photon flux, earth's radiation,
and reradiation from the satellite. The satellite has a large area-to-mass
ratio and is controlled in attitude by torquing against the earth's magnetic
field by varying currents in three mutually orthogonal coils.
Early in the study it was determined that the largest of the forces was
that produced by the direct solar flux.
In exploiting the force from direct solar flux, a spherical satellite was
considered having two surfaces of different reflecting characteristics, each
covering a hemisphere. As the satellite moves around the earth in orbit, one
surface is presented toward the sun when the solar flux is in the direction of
the satellite's motion and the other surface is presented toward the sun when
the solar flux is in opposition to the motion of the satellite. The force
perturbations of the two halves of the orbit will not be equal, and the result
will be a net gain or loss of energy in the orbiting system. The gain or loss
is equivalent to a change of period or, in other words, a change of the
angular rate of rotation about the earth. A choice of gain or loss can be made
by adjusting the phasing of the surfaces as they are presented toward the sun.
A significant mobility was computed by integrating the forces in a digital
computer. Two satellites, one phased to gain energy and the other phased
to lose energy, were started at the same point in the same orbit. The change
in the sernimajor axis was computed. From the changes it was calculated
that an angular separation of 120 degrees could be obtained in 30 days.
1 1779.AAEROSPACE DIVISION ,
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As a more realistic structure was developed from realizable materials and
surface coatings, temperatures could be calculated over the surfaces and other
forces considered. These were the forces from reradiation and reflection from
the earth and reradiation from the satellite. When the effects of these forces
were computed, it was found that the satellite reradiation force had a signif-
icant effect on mobility. The re radiation forces, while an order of magnitude
smaller than the direct solar force, was almost continuously aligned to the
velocity vector of the satellite. (The direct solar force is aligned to the vel-
ocity vector sinusoidally.) However, this force, proportional to the emissivity
ratio of two surfaces, was in opposition to the direct solar force which depends
on the ratio of reflectivities. Considering this, further mobility computations
were run with a sphere having surfaces of equal reflectivity but with different
emissivities. The result was a computed separation of 200 degrees in 30 days.
This study was conducted in two phases.
Phase Iwas conducted primarily to select the most promising method of
attitude control and to determine feasibility. The detailed results of this
phase are presented in the Phase I Final Report.
Phase II consisted of two task areas performed concurrently. The detailed
results are presented in this report.
The first task was a parametric study to produce design charts to show the
effects and feasibility of variation of satellite diameter, altitude, and inclina-
tion of the orbit.
The second task was a preliminary design of a scaled down model for use
in a flight experiment.
In the performance of this study, the following ground rules were applied
to assure that a maximum confidence could be placed in the results.
Proven techniques were used in all areas not under test of feasibility.
Thus it is possible that the performance can be improved and total weight
reduced during the design phase.
Tradeoff parameters were calculated between the major areas of study
(attitude control, mobility, and mechanical) and optimized within the limits
of significance to obtain a simultaneous solution of feasibility.
1 779A 2
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Z. PARAMETRIC STUDY
Me chanical
Introduction - The purpose of the structural weight portion of the parametric
study is to show the effect on satellite weight of varying balloon diameter,
orbit altitude, and inclination angle, based on the vertical control system
selected in the feasibility study. Orientation of the satellite in space is
accomplished by the use of torques resulting from the interaction of activated
coils with the earth's magnetic field. For a given control system, the weight
of related electronic equipment and structure are functions of the earth's field
strength and the satellite's position in the Van Allen radiation belt.
In the calculation of total satellite weight, it is found that certain subsys-
tem weights are dependent upon the weight Of other subsystems. To illus-
trate the method used in calculating the various items which comprise the
weight table, the flow chart shown infigure 2-1 was developed. It can be
seen that the power supply I< factor (lb/watt) is the first item to be deter-
mined. The I_i factor is a measure of the shielding and redundancy required
to protect the solar cells from Van Allen radiation and solar flares, and is
a function of orbit altitude and inclination angle. Using this factor, and an
established power requirement for the control electronics, the weight of
solar cells required to operate the fixed electronic equipment can be deter-
mined. The weight of electronic control equipment is estimated based on
control system requirements, and approximate package sizes are estab-
lished. Determination of the size of various electronic packages allows the
shielding weight to be calculated for the particular orbit and inclination under
consideration. Using the analytical methods developed in the feasibility
study (Appendix I Phase I report) and control system data regarding the
3 1779A
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anticipated maximum angular acceleration, the reinforced skin weight can be
determined. The material used for the skin is the aluminum-mylar-alumi-
num laminate developed for Echo LI. It is possible that a thinner, similar
laminate might be used for the skin with considerable weight savings; espe-
cially for the larger diameter satellites.
Both coil structure weight and the combined weight of torque coil and
torquing power supply are functions of the torque required for each particular
satellite and orbit under consideration. Since torque per gauss is a conven-
ient design parameter, it is calculated for each case. Torque is a function
of satellite mass moment of inertia and angular acceleration, allowing
satellite inertia to be expressed as a function of the weights already calcu-
lated plus those which are still undetermined in terms of the T/B ratio. The
weight of the torque coils and their associated solar cells can be expressed
as a function of the K factor, balloon diameter (D), and the T/B ratio.
Torque can be expressed as the ratio of torque per gauss times the earth's
field in gauss. This equation is now solved for the T/B ratio.
With the T/B ratio established, the coil structure weight can be deter-
mined. The T/B ratio is a measure of the current in the coils and is there-
fore proportional to the uniformly distributed inward collapsing force. Using
Timoshenko's theoretical equations and appropriate safety factors, the
required coil structure is found. A check is then made to determine whether
the local buckling stress has the same safety factor as the overall buckling
stress. If it does not, the number of tubular structures is increased to
satisfy this requirement. Knowing the coil structure and reinforced skin
weights, the weight of structural inflatant is calculated assuming a given
inflatant. The main balloon inflatant weight is assumed to be proportional to
that used for the Echo iI satellite.
The final calculation involves the determination of the weight of torque
coils and their corresponding solar cells, since as stated, they are functions
of K factor, balloon diameter, and T/B ratio.
1779A 4
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Figure 2-i. Procedure for Calculating System Weight Table
The above procedure was applied to various satellite diameters over the
altitudes and inclination angles specified in the statement of work, L-3482.
Power Supply 14 Factor - It can be seen in figure 2-1 that the first value to be
determined in the calculation of total satellite weight is the power supply K
factor. This factor represents the weight of solar cells required to furnish
one watt of power under full solar illumination. Since total solar cell weight
depends upon the amount of shielding and redundancy required for radiation
5 1779A
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protection, the K factor must be expressed as a function of orbit altitude and
inclination.
In Appendix E, it is shown that for every radiation environment an optimum
combination of cover slide shielding and initial excess capacity exists for
which the solar cell array weight is minimized. Since the satellite is not
limited in available solar cell area, the minimum total weight may be achieved
in all instances by the use of optimum shielding and redundancy. The ideal K
factor based on the use of optimized design is given in figure 2-2. This ideal
K factor assumes an ideal orientation of the array of the sun, thus allowing the
production of i0 watts of power per square foot of array.
To obtain the actual K factor for an orbiting satellite, the assumption of
ideal orientation must be revised. The orbit position control satellite is
earth-oriented and thus results in a variable satellite-sunline relationship.
A study of this relationship indicates that provision must be made for
supplying power at any arbitrary satellite orientation. To ensure exposed
cell area for a randomly oriented spherical satellite, solar cells must be
placed in four or more arrays. The number of cells required in each array
is determined by the effectiveness of the total array at the position of mini-
mum projected area. It can be shown that a sphere with a uniform coverage
of cells has no unique orientation where the projected cell area is a minimum,
and the effectiveness for this case is constant at 25 percent. For arrays
other than total coverage, there is a unique orientation having minimum
effectiveness. In the case of an array having two diametrically opposite
areas or three areas, the minimum effectiveness is zero; and for a six-area
array, it is 16.7 percent. Thus, the variation in effectiveness is relatively
small for arrays having six or more areas and is relatively large for arrays
with less than six areas. Since structural concepts provide six locations
where concentrated loads may be carried without additional structure, it is
1779A 6
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advantageous to use a six-area solar cell distribution. Using this effective-
ness value of 16.7 percent, and assuming a conservative random failure
redundancy of 5 percent, the actual K factor may be obtained.
1.05 XKidea 1
Kactual - 0.167
The value of Kactual has been calculated for various altitudes and inclina-
tions and is plotted in figure 2-Z.
Electronics Solar Cell Weight - After determining the power supply K factor,
the weight of solar cells required to operate the satellite's electronic equip-
ment can be found. The electronic power requirement of the OPC satellite
is continuous throughout an orbit and is estimated to be 50 watts. The solar
cells must be capable of supplying sufficient power during the illuminated
I
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Figure 2-2. Variation of K with Altitude and Inclination
(For a 5-Year Life in 1968)
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portion of orbit to satisfy the energy requirements of an entire orbit. This
can be represented as:
P T = P T = P (T + TD)sc s e o e s
where
P
sc
P
e
T
o
T
s
T D
= solar cell power capability
= electronic equipment power requirements
= orbital period
= time in the sun per orbit
= time in the dark per orbit
Rewriting the above equation,
The weight of solar cells, W , required to supply electronics power,
esc
P , over an entire orbit can be obtained by multiplying the solar cell power,
e
P , by the weight-power ratio, K.
SC
esc SC e
T D
The value of-_-- is a function of both the orbit altitude and inclination,
S
with the maximum time in the dark occurring for a given altitude when the
orbit's inclination places it in the ecliptic plane. In calculating the ratio of
T D
-- , it is assumed that the satellite will be occulted during each orbit for a
T
s
period of time equal to that which would occur in the ecliptic plane at the
same altitude. This condition is conservative for all inclinations most of the
time; however, there are times at any inclination when the proper combination
of precession and seasonal change will result in this maximum period of
satellite darkness.
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The equation for electronics solar cell weight, with the above assumption
regarding the ecliptic plane, is presented graphically in figure 2-3.
Fixed Electronic Weight - With the exception of solar cells, radiation
shielding, and batteries the weight of required control electronics is
independent of satellite diameter, altitude, and inclination. Radiation
shielding and solar cell weights must be calculated for each altitude and
inclination, but with certain assumptions, battery weight may be considered
independent of satellite orbit and included in the fixed electronics weight.
The batteries considered for the OPC satellite are silver oxide-cadmium.
These batteries are sealed for space application and have proven reliable
o
500 _k_
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Figure Z-3. Variation of Solar Cell Weight Required for Equipment Power
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over a large number of cycles when discharged to a depth of 50 percent.
Silver oxide-cadmium batteries have an energy storage capacity of approxi-
mately 12.5 watt-hours per pound for a 50 percent depth of discharge at dis-
charge rates corresponding to a satellite's orbital period. Battery require-
ments are determined by balancing the energy consumed over a given period
of time with the energy received during this same period. Since the frequency
of occurrence and the time required to complete a flip are both variable, it
is impractical to attempt to balance energy requirements on a per flip basis.
The most feasible approach is balancing the energy requirements over one
orbit. On this basis, the required energy storage capacity is reduced to that
needed to operate the electronic equipment during the dark portion of orbit.
This can be expressed as
Pe XTD
WB =' wh
12.5 m
ib
where
W B
T D
P
e
= battery weight
= time in the dark per orbit
= electronic equipment power requirements.
Time in the dark per orbit varies little over a range of altitudes from
500 to 3500 statute miles. Therefore, an average dark time of 0.5 hour per
orbit may be assumed for all altitudes. The fixed weight of silver oxide-
cadmium battery required can be found as follows:
P x T De 50 watts x 0.5 hour = g.0 ib
WB - 12.5 - wh
12.5
lb
The addition of a redundant battery raises the fixed battery weight to
4.0 pounds.
1779A 10
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Other fixed weights are:
Solar sensors .................................. 6 pounds
Magnetometers ................................. 6
Inter connections ................................ 7
Electronics .....................
Power supply regulators ....... 2.
Receiver ............................ l
Memory ............................. 2
Clock ............................... 1
D-A converter ....................... 0.5
Multiplier circuits ................... 6
Damping logic ....................... i. 8
Power amplifiers .................... 3
17.---Y
TOTAL ....................................... 36.3 pounds
A redundancy of two raises this weight to 73 pounds. Thus, the total fixed
electronic weight is equal to 73 pounds + 4 pounds or 77 pounds.
Radiation Shielding Weight - The shielding required for a five year semicon-
ductor life in the Van Alien belt is a function of the orbit altitude and inclina-
tion, and the radiation tolerance of the equipment to be protected. Con-
sidering the effects of altitude and inclination, the worst possible orbit was
found to be an equatorial orbit at 2000 to 2500 statute miles. An approximate
radiation tolerance for semiconductor devices in general is 9 x I012 Mev/
gram. Using this allowable dose, and the method of calculation shown in
Appendix E, the radiation shielding required for a five-year life under the
worst orbital conditions is found to be I. 33 inches of aluminum. This
amount of shielding, if not unreasonable from the standpoint of total shield
weight, is impractical considering the geometry of the flat rectangular
packages required for folding. In an effort to reduce the thickness of
shielding required, the tolerance of more radiation resistant components
was determined. The Battelle Memorial Institute Report "Radiation Effects
State of the Art 1962-63" (July 1963) summarizes the radiation tolerance of
present components as follows: "Diodes and transistors can be selected to
provide adequate radiation resistance to exposures of 1014 fast neutrons per
2 15 2
cm and in many cases to l0 neutrons per cm , particularly if the circuits
II 1779A
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are designed to minimize degradation effects." The proton-neutron corre-
lation factor for semiconductor damage is difficult to determine, and
experimental values for this factor vary widely. However, if an energy
transfer rate of 0.1 Mev/gram per fast neutron is assumed, proton-neutron
correlation can be made on the basis of absorbed energy. The energy de-
2
posited by 1015 fast neutrons per cm would amount to I00 x 1012 Mev/gram
or approximately eleven times the tolerance of unselected components in
ordinary circuits. Since the life of semiconductor devices in a radiation
environment is proportional to the 1.38 power of the shield weight, the re-
quiredshielding can be reduced by II (_--_), or a factor of 5.7, through
the use of selected components and radiation hardened circuitry. This
would reduce the shield requirement under worst conditions to 0.23 inch of
aluminum, a much more realistic thickness from a packaging standpoint.
It must be realized that the radiation hardened circuitry needed to
accomplish this shield weight reduction will in some cases require an in-
creased number of components.
The required aluminum shield thickness as a function of altitude and
inclination is given in figure 2.-4. As can be seen, aluminum thickness
varies from 0.002 inch at 500 miles to 0.23 inch at Z000 miles. With
2
present estimates of shield area (4840 in. ), the total shield weight varies
from i pound to iii pounds.
Reinforced Skin Weight - The structural portion of the parametric study is
based on a tubular support structure as outlined in the feasibility study. It
consists essentially of attaching tubes constructed of Echo II material to the
main balloon skin. These tubes are inflated in orbit to provide additional
stiffness after main balloon inflation. The expression for the weight ratio
(¢0r) of the reinforced skin to the Echo II skin derived in Appendix D of the
Phase I Report, is as follows:
f (Z-l)
09 =
r IAR
l - 0.525 df F.S.
I T
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Figure 2-4. Aluminum Shield Thickness Versus Altitude
where
R 40. 037 ¢0 = a
- (Z-Z)
IAR 1.85 _R g E
Equation (Z-Z) is derived in Appendix I and figure 79 of the Phase I Report,
and is plotted graphically in figure 2-5.
From the expressions used to derive (2-1), the number of tubes per foot
can be expressed separately as:
f
n -- ,
IT
IAR F.S.
0. 525 df
(Z-3)
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Solving for the factor of safety (F. S. 1 in equation (2-3) yields
n IT
- (i + 0. 525 dn)
F.S. f IA R
(Z-4)
To express the weight ratio (0_) as a function of the double thickness
r
factor (f), tube diameter (d) in inches, and tube spacing (n) in tubes/foot,
substitute (2-4) into (Z-l) to get:
f
= (2-5)
r
1 - 0.525 dn - (0.525 dn) 2
Knowing the thickness factor, tube diameter and spacing, the weight ratio
can be found, and hence, the total reinforced skin weight for any given dia-
meter. Several factors that must be considered before applying this type of
structure to a parametric study are:
a. Structural spacing for a given balloon diameter
b. Ratio of balloon diameter to structural tube diameter
c. Structural tube wall buckling problem
d. Inflation of tubular structure
e. Factor of safety (indicated).
The first approach is to attempt a mathematical solution for finding a
suitable structural tube spacing for any given diameter. Consider a square
piece of Echo II material, as shown below, subjected to an acceleration
equal to Ra
y
-F
b
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The load on the edge x = 0 is given by
¢0
p = o b 2 Ra (2-6)
g
The compressive stress in the material at this location is then
b 2co Ra ¢0 b Ra
P o o (2-7)
c A gbt gt
As a conservative estimate, the critical buckling stress of a square plate
loaded uniformly at two opposite edges with various edge conditions will be
investigated. In this case, the load increases linearly from zero to a maxi-
mum at x = 0, whereas the equation given below is for a plate loaded an equal
amount at x = 0 and x = b. This critical buckling stress is given by
2*
_r cr 1 -v 2
where K b is a constant depending on edge conditions. Equating equations
(2-7) and (2-8) and solving for b yields
K b Eg
b = t 3 Ra I1 2)¢o ,. -v
O
{2-9)
This equation should also be conservative because the shear ties along edges
y = 0 and y = b were neglected. However, on the negative side, no local
wrinkles or imperfections were assumed to exist. Figure 2-6 is a plot of
equation (2-9) for two edge conditions, clamped and simply supported. The
maximum gain indicated by the control system requirements represents an
-6
angular acceleration per axis of 0.40 x l0 radian per second squared. The
peak acceleration load imposed on the skin structure occurs when two torque
coils are operated at maximum power simultaneously. The maximum skin
structural acceleration is the vector sum of the two perpendicular accelera-
tion or 1.414 x 0.40 x 10 -6 = 0.56 x 10 -6 radian per second squared. This
acceleration was used in developing the curve. Based on this analysis
*R.J. Roark, Formulas for Stress and Strain, McGraw-Hill Book Go., 3rd
ed., New York
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assuming simply supported edges,
selected.
®
the structural spacing in table 2-1 was
TABLE 2- 1
STRUCTURAL SPACING
Balloon Diameter (ft)
lO0
200
300
400
Structural Spacing in Gores
(1 gore = 4 feet)
n
(tubes/foot)
0. 042
0. 050
0 063
0. 063
An optimum tube size must be determined for these spacings and balloon
diameters to result in the minimum allowable weight consistent with other
problems listed earlier. A linear balloon to structural tube diameter ratio
of 4800 was used in the feasibility study. This is not necessarily the optimum
relationship. It is possible to relate tube diameter to the square of the
balloon diameter. As noted in the feasibility study this makes large diameter
balloons look reasonable; however, the weight of small diameter balloons is
increased. It is now desired to find a balloon to tube diameter ratio for
each balloon diameter under consideration that approaches minimum weight
for the purpose of the parametric study. To accomplish this, a reinforced
skin design chart which is a graphical representation of equations (2-i) and
(2-3) was developed (see figure 2-7). From figure 2-7, the effect of varying
parameters such as tube size, tube spacing, and factor of safety on the re-
inforced skin weight can be determined. Using this chart, it became apparent
that a ratio of balloon diameter to tube diameter of 2400 satisfies all the re-
quired conditions.
As stated above, the factors are interrelated and must be considered to-
gether. A curve of critical bending buckling stress vs. radius to thickness
ratio of thin-walled tubes is presented in figure 2-8. A factor of steady of
5 was considered reasonable for this local buckling problem due to the nature
17 1779A
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Figure Z-6. Required Stiffener Spacing Versus Balloon Diameter
of the material used. A simplified method exists for checking this local
wall stress. The change in radius of curvature of the curved beam in the
derivation at the end of this section is given by:
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1 1 M
R K R- EI (2-10)
r
where K is a factor representing percent radius of curvature change Ther
bending stress at the outermost fiber is given by the familiar expression
Mc
I
D
Substituting R = _-,
for _ yields:
d
(z-ll)
combining equations (Z-10) and (g-ll) and solving
(K -I)
Ed r
_b D K (2- iZ)
r
A balloon diameter to tube diameter ratio of 2400 gives a factor of safety of
5 or greater for this local buckling stress for all diameters assuming the
change in radius of curvature, K , to be I0 percent.
r
A discussion of the structural tube inflation method and problems are
given in a later paragraph of this section. The remaining area of discussion
and perhaps one of the most unclear is the factor of safety required for the
structure above that which is indicated by the analysis. As discussed pre-
viously in the feasibility study, it is felt that with the assumptions made,
this analysis should be conservative. A safety factor, inherent or actual,
may be justified for some of the following reasons:
a. Excessive wrinkling of structural members
b Stress concentrations at equipment locations
c. Comparatively high balloon radius to structural tube radius ratio
d. Sudden load application which can produce deflections up to twice
the calculated value
A test program with models would give some indication of the range of
accuracy to be expected. Using the balloon to tube diameter ratio of Z400
and the values of tube spacing given in table 2-I, the following safety factors
*S. Timoshenko, Strength of Materials, Vol. I, 3rd Ed., Van 1Nostrand Co.,
Inc. New York p. 366.
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Figure 2-7. Reinforced Skin Design Chart
were calculated using equation (2-4). A factor of 15 percent (f = I. 15) was
used for the double thicknesses and thermal coatings, and a I0 percent radius
of curvature change was assumed in calculating IAR.
Balloon Diameter (ft) Indicated Factor of Safety Above the Analysis
i00 4.7
20O 3.2
300 2. 6
400 2.2
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In summary, the reinforced skin weight portion of the weight table was
calculated from equation (Z-5) using a balloon to tube diameter ratio of 2400,
tube spacings as shown in table Z-l, and an f factor of 1.15. The figures
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listed are based on the statement of work Echo II weight of 0. 0075Z Ib/ft g.
Since unpublished NASA data indicates the weight could be 0.008Z Ib/ft 2, care
should be used in interpreting the calculated skin weights. If the heavier
skin is assumed, the listed structural weight would be increased by approxi-
mately 9 percent.
The weight table figure is, as stated, based on skin and reinforcing tubes
constructed of Echo II material. Schjeldahl* has experimented with thinner
three-ply laminates but have not to date constructed large scale models. It
is believed that a material thickness of 0. Z5 rail mylar with an outer layer of
0.I0 mil aluminum would be entirely practical. This thickness would reduce
the weight of the skin by better than one-third. For the larger diameter bal-
loons the weight saving is considerable; for example, a 400-ft diameter
balloon constructed of this thinner material would be more than 1500 Ib lighter
than its Echo II counterpart. Since there is an integral support structure, the
skin thickness can be reduced without regard to the overall buckling problem
due to solar pressure.
Determining Torque Per Gauss (T/B) -The T/B ratio is a function of total
balloon inertia and the earth's field for a given angular acceleration:
T (T)B (Z-13)ITB = _-= _ _-
However, the total balloon inertia (ITB) is, in turn, dependent on the T/B
ZR
ratio. The mass moment of inertia can be expressed as _-g W where R is
the balloon radius and W is the weight of items uniformly distributed over
the surface, distributed uniformly over three orthogonal great circles, or
concentrated at six uniformly distributed points. Since all satellite weights
fall into one of these categories, ITB can be expressed as
= _ W + W + W + W + W (2-14)
ITB 3 g s e esc tc ts
_:_Phone conversation with Dr. F. H. Bratton, The G. T.
Northfield, Minnesota, January 6, 1964.
Schjeldahl Co.,
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where
ITB
R
g
W
S
W
e
W
es
W
esc
W
tc
W
tsc
W
tc
W
tc
= total balloon mass moment of inertia, slug-ft 2
= balloon radius, ft
= acceleration of gravity ft/sec 2
= weight of reinforced skin, ib
= weight of electronic equipment, Ib
= weight of electronic shielding, ib
= weight of electronic equipment solar cells, Ib
= weight of torquing coils, Ib
= weight of coil solar cells, Ib
and Wts c are functions of T/B and can be expressed as follows
= Wtsc = 8100(__D (z-15)
Combining equations (Z- 13), (Z-14), and (Z-15) yields
a -_g Ws + We +Wes+ Wesc+ 1.62 (10) (2-16)
The electrical control system characteristics are such that at maximum
• )-6gain, the required angular acceleration(a) per axis is 0.4 x (10 radian
per second squared. Using this value for a, equation (Z-16) is piotted in
figure 2-9. Knowing the value of W W W K, and B for any given
s' e' esc'
diameter, the value of T/B can be determined using figure Z-9.
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Figure 2-9. Torque-Per-Gauss Calculation Chart
(Vertically Oriented System)
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Coil Structure Weight - In determining the weight of coil structure required,
two major areas are considered: (1) the structure necessary to resist _a
uniform inward collapsing force caused b 7 the interaction of the energized
coil with the earth's magnetic field, and (2), that necessary to maintain
adequate balloon sphericity while accelerating the concentrated and uni-
formly distributed masses.
For most orbits and inclinations, it has been shown in the feasibility
study that with a safety factor of 5, the collapsing force caused by the
earth's field is the dominant design criterion. In this case, it is assumed
that the torque coil is perpendicular to the field and that the maximum cur-
rent from the control system is in the coil. The envisioned control scheme
now shows the coil current to be a cosine function of the angle between the
coil and the field (i = f(cos S)), However, the collapsing force is a function
of the sine of this angle and the coil current(p = f(sin S, i)). Therefore, the
collapsing force (p) is proportional to sin S cos S. The value of this function
is a maximum at 45 degrees. The maximum collapsing force assuming a
perpendicular coil-field relationship is :
P = (D in ft. )
3_D 2
Modifying this equation to conform to the above reasoning yields:
P = sin S cos S (S =45 degrees) = (2-18)
6 Z
The energized coil can be the structure that is accelerating the concen-
trated and uniformly distributed masses. When the uniform collapsing load
is applied, the coil will have an initial ellipticity due to the deflection
caused by these loads. The maximum compressive stress due to the uni-
form collapsing load is then obtained by adding the stress produced by the
collapsing force to the maximum compressive stress produced by the bending
moment and can be expressed as:
(z-17)
Z5 1779A
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max _rdt + _ n_rr t/ 1 P
Pcr /
(2-19)
where u is the difference between the major axis of the ellipse formed and
o
the original radius of the coil structure. The critical collapsing force is
given by:
3 El
Pcr - 3
R
3 E_r 3 tn
3 (2-20)
R
The stress from the concentrated and uniform loads is related to radius
of curvature change by:
(K - 1)dE r
0- =
D K
r
(2-21)
where K is a constant relating radius of curvature change. This expression
r
is derived in the reinforced skin section of this report. It can now be related
to 6/R. Consider figure 2-10. The radius of curvature of an ellipse is
given by:
R : aZb 2 <aX--_ y2 _3/2
c +y/ (2-22)
At x = 0, y = b substitute R + 6 = a, R - 6 = b
R =(R+6)2 6)2' 3/2 +%)2• " c R -
or
(2-23)
R 2 82+2R8+
R =
c R- 8
(2-24)
':_S.Timoshenko, "Strength of Materials, " Part II,
D. Van Nostrand Company, Inc., New York.
':=':'Ibid,P. 188.
3rd Ed. , p. 190-193,
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Figure 2-I0. Relation of 6/R
Also R = K R where K is the factor for radius of curvature change.
c r r
stituting and solving for K gives:
r
Sub -
°<°>2l+z +
K = (2-25)
r 6
R
°
is related to the concentrated and uniformly distributed loads per appendix
D as follows:
6 R3a
- gnITE [0.071 Wo + 0.037 w R=]
The uniformly distributed load (w) is represented by
single torquer wt. I0.007521w = 2wR + _ d n 144
(2-26)
(2-27)
Z7
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For any particular case, equations 2-25 through 2-27 are solved to yield K
r
which when substituted in 2-21 gives an additional compressive stress. The
total compressive stress is then given by equations 2-19 plus 2-21. It seems
reasonable to maintain a factor of safety of five on the local tube buckling
stress since this factor was applied to the overall buckling problem. To
maintain this assumption for all orbits and inclinations, the following re-
Figure 2-8 can be expressed approximately bylationships are developed.
the equation
276 (2-28)
F b = dl.5
where d is the tube diameter in inches.
Equation 2-28 must then be equal to or greater than five times the sum of
equations 2-19 plus 2-21. With U
0
inches, the following is obtained.
6 D
R and R = -2' and R expressed in
276 > 5 6B 1 +
d_.5-- 2 2 " 2BR R Kwnr t 1 - r
E2r3tn
{z-zg)
The design procedure is to first select the number of tubes based on a
safety factor of five for the overall buckling of a round ring subjected to a
uniform inward radial force. By combining equations 2-18 and 2-20 and ex-
pressing Din feet, we obtain an expression for n as follows:
96 (T/B) B D
n = (2-30)
2 d 3w tE
Figure 2-II is a plot of equation 2-30 for various factors of safety. The
number of tubes for all orbit inclinations and diameters is determined by
assuming a F. S. of 2 for control system overload conditions and a F.S. of 5
for the overall buckling problem resulting in a combined F.S. of i0. A check
is then made to determine whether each case satisfies equation 2-29 for the
local tube buckling problem. If it does not, n is adjusted until the equation is
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Figure 2-11. Tube Requirements for Torquer Compressive
96(T/B) BD
Loads n =
_2tEd3
satisfied. In the preparation of the weight table, only certain equatorial
orbits were affected by equation 2-29. This occurred for the 300- and 400-
foot-diameter satellites at 2500 statute miles and the 400-foot diameter at
1500 and 3500 miles, respectively. For all other orbits and inclinations,
equation 2-30, with its safety factor was the criterion for coil structure
selection.
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Inflatant Weight - There are two types of inflatant weight to be considered:
the inflatant required for the main balloon and that required for the rein-
forcing structure. The inflatant used for the 135-foot diameter Echo II
satellite was acetamide and weighed approximately 52 pounds. * The volume
of a sphere increases as the cube of the radius, while the pressure required
to produce a constant skin stress varies inversely as the radius. Therefore,
to achieve the same skin stress, the quantity of inflatant used for the Echo II
was proportioned by the square of the radius to find the main balloon inflatant
weight for the various diameter balloons listed in the weight table.
As discussed in the reinforced skin weight paragraph, the method of
structure inflation is an integral part of the structure selection. Foaming
materials, solid, and liquid inflatants were considered. From discussions
with Schjeldahl** and the Westinghouse Aerospace Materials Department, it
is concluded that the use of foam is not practical at this time, while solid
type inflatants do not yield adequate pressure to properly stress the struc-
tural tubes. A liquid is needed which has a relatively low molecular weight
while maintaining an adequate boiling point. In this light, methylene chloride
was selected (boiling point - 105°F). Methylene chloride has one drawback
in that during prolonged exposure it will dissolve certain adhesives and
plastics. However, this inflatant can be carried in very thin metallic con-
tainers, and released in orbit by rupturing a diaphragm. Since the liquid will
be vaporizing when it comes in contact with the Echo II skin, contact with the
mylar will be minimized and no problems are anticipated. This investigation
is considered preliminary, and a more detailed search might yield an
inflatant with better properties.
The quantity of inflatant required for the structure is a function of the
average temperature at inflation, stress level required in Echo II material,
*Joseph R. Burke, Passive Satellite Development and Technology, NASA
**Phone conversation with Dr. F. H. Bratton, The G. T. Schjeldahl Co.,
Northfield, Minnesota, January 6, 1964.
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and tube diameter. For the weight comparison, an average temperature
of 100°F and a stress level of 3500 psi were assumed. At 70°F, the stress
level would decrease 5.4percent from that determined at 100°F. This
stress would produce a permanent strain in the aluminum of approximately
0.1 percent*. As stated previously, structure is required for the torque
coils and for the uniformly distributed skin. The number of tubes required
for the torque coils has been determined from figure 2-II. The tube size
and spacing for a given diameter was selected in the reinforcing skin weight
paragraph. Using this information, the total inflatant for the structure is
then determined from figure 2-i 2.
T
NUMBER OF COIL I
I TUBES PER AXIS I BALLOON OIA- FT. leJ
]B
I I = INFLATANT WT. OF METHLYENE I0
Ii IO I00 __. CHLORIDE (LB)
I INFLATANT WEIGHT FOR COL STRUCTURE(LBS) _1 0. • BALLOON OIA (FT.)
I tiT..° TUBEDIA.N)
u.
BASEl) ONI _24 S. TUIBE SPACING (FT.) z
W . 195,10).3,T0,.[.. rOB; _32 . • NUMBER .TUBESFOR COILS P R AxlsREQ'D --
S :_) 193110) -3 • CONSTANT
P (GIVES 3500 I_11 ALUM STRESS
IOOeF)
ITTIA-VI-II
I
3ALLOON
DIAMETER (FT.)
Figure 2-12. Structural Inflatant Weight Versus Balloon Diameter
(For Various Tube Sizes and Spacing)
*"Advanced Material Development, " NAS Report No. NAS 5-1190, G. T.
Schjeldahl Co., p 4. 51, fig. 4. 37, 1962.
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Weight of Coils and Solar Cells for Torquing - The torques required for sat-
ellite orientation in orbit are produced by three orthogonal coils. The design
of these coils and their associated solar cell power supplies is based on the
attainment of minimum total weight.
It can be shown that the total conductor weight is proportional to the pro-
duct of resistivity and density. A tabulation of the relative weights of various
conductive materials is presented below.
Material Density, d Resistivity, p d_.____p Relative Weight
-3)(gin cm (_ - cm)
Aluminum g. 70 2. 66 7. 2 I. 00
Magnesium I. 74 4. 46 7.8 I. 08
Beryllium 1.82 4. 27 7. 8 I. 08
Copper 8. 96 I. 71 15. 3 2. 12
Silver I0.49 I. 59 16.7 2.32
It is seen that aluminum conductors
coil. The use of aluminum conductors
provide a minimum weight torque
also satisfies the foldability require-
ments of this application. In addition to the selection of a minimum weight
conductor, the distribution of weight between torque coils and torque coil
power supplies must be examined. The weight of torque coil required can be
decreased by increasing the weight of solar cell power supplies. Figure
F-1 shows the variation of power supply and coil weight with power based
on the calculations in Appendix F. As can be seen, a minimum total weight
of torque coil and power supply occurs when the weight of the power supply is
equal to the weight of the coil. Under highest demands, only two coils require
maximum power at the same time and the total power requirement is equal
to twice the power per coil. Thus, the weight optimization of the torque
coils, and that portion of the power supply associated with the torque coils,
occurs when the weight of two power supplies equals the weight of the three
torque coils, since the third coil must be carried as dead weight. This re-
lationship is derived in Appendix F resulting in the expression for single-
axis coil weight given below.
1779A 32
AEROSPACE DIVISION
Wc(s) = .5}(2.1) Kpd
where
T/B = torque/field ratio
D = satellite diameter
K = power supply factor
p = conductor resistivity
d = conductor density.
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Figure 2--13. Variation of Coil Weight With Diameter,
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"r/B, and K Factor
1779A
This equation can be solved graphically by use of figure 2-13. The total
weight of torque coils Wc(t) = 3Wc(s) and is also equal to the total weight of
torquing power supply.
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Figure Z-14. Torque Coil Current Versus Diameter, T/B, and K
To verify the feasibility of the weight optimized torque coil design, the
width, current, and number of turns of an optimum coil were calculated. In
Appendix F it was shown that the power dissipation, P, in an optimum torquer
is
4(T/B) 'V_P-
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Since power is equal to the product of current, I, and voltage, V, an ex-
pression for current may be written.
I = 4 (T/B) _ //dp
VD
_/K
Assuming a 12-volt system with aluminum conductors, and multiplying by
a factor for dimensional consistency, the maximum torque coil current is
given by
187 (T/B)I=
where the units are
I - amperes
(T/B) - foot-lb per gauss
D - feet
K - power supply factor in lb/watt
This equation is plotted in figure 2-14. The required torquing currents
are approximately several hundred milliamperes for the 100- and 200-foot-
diameter satellites. The 300- and 400-foot-diameter satellites require coil
currents of several amperes for a 12-volt system. Such currents appear
to be within the capability of the power amplifiers. However, if power dis-
sipation in the amplifiers becomes a problem, the voltage can be increased
to reduce the torquing currents required for the larger diameter satellites.
Since the optimized weight of coil and power supply for torquing is indepen-
dent of voltage, this increase in voltage should not directly affect the total
weight of the torquing system. Random failure redundancy for series con-
nected solar cells does, however, increase as the number of cells in series
increases. Thus, an increase in voltage from 12 to 40 volts, causing the
number of solar cells in series to increase, will raise the power supply
weight by approximately l0 percent.
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The number of torque coil turns, N, required per axis
follows:
T/B = NIA
therefore
N = T/B
IA
Substituting for I and A reveals that N - V_v(K
D '
can be written as
995_/'-_
N=
D
may be found as
which for a 1Z-volt system
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whe re
N = number of turns per coil
K = power supply factor in ib/watt
D = satellite diameter in feet.
This equation is plotted in figure 2-16. It can be shown that the number of
turns per coil is always under II for a 200-foot satellite, and less than 8
turns are required for a 300- or 400-foot diameter. The 100-foot diameter,
under worst conditions, will require approximately 22 torque-coil turns per
axi s.
To calculate the required width of each coil turn,
be expressed in terms of its cross-sectional area.
coil is
the coil resistance must
The resistance, R, of a
NwD
R = _ =
A wt
where
p = conductor resistivity
N = number of turns per coil
w = conductor width
t = conductor thickness.
V
Since P_ =-i-, the cross-sectional area can be expressed as
wt = pN_D I
V
Assuming a 12-volt system and 0. 0005 inch-thick aluminum conductors,
the above equation reduces to
1220 (T/B)
W -
D
where
w = conductor width, inches
T/B = foot-lb per gauss
D = feet
This relationship is plotted in figure 2-15.
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The width per turn of torque coil varies from 0. 22 inch for a 100-foot-
diameter satellite at B00 statute miles and 90-degree inclination to 152 _
inches for a 400-foot satellite in an equatorial orbit at 3500 miles. The
larger width conductors may be subdivided into a number of parallel coils to
eliminate folding problems and increase the reliability of the torque coils by
providing redundant protection against breakage.
From the above discussion of coil dimensions and currents, it can be
concluded that the optimum torque coil design is feasible for the OPC
satellites. A 12-volt torquing power supply will be adequate for the majority
of satellites and increased voltages can be provided where necessary at a
relatively small weight penalty.
For additional information, see the following table and its attached
figure.
Altitude
Statute
Mile s
500
TABLE 2-2. SYSTEM WEIGHT TABLE (See Figure 2-17)
Inclination
Diameter (ft) I00
wt (Ib)
0 Degrees
Z00 300
wt (Ib) wt (Ib)
400
wt (lb)
Structure
Solar Cells
Skin and. Reinforced
Coil
Fixed Electrical
Coil
Coils
Electronic s
Shielding
_'6-tal_'T'-Orbit
"-'_r-_-t_r e
Inflatant
Main Balloon
m
Total- Launch
275 I120 2580
1
58
2
2
77
1
:_T6--
5
_/2_
450
15
58
14
14
77
1
m
1299
53
114
1466
59
58
45
45
77
1
2865
220
__256
3341
468O
178
58
108
108
77
I
5210
570
456
6236
39 177 9A
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TABLE Z-Z (Continued)
Altitude
Statute
Miles
1500
2500
3500
Inclination
Diameter (ft)
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
100
wt (lb)
Z75
2
300
26
26
77
93
0 Degrees
200
Total - "_}T_-t" ..... ---79---9----
Structure 6
Inflatant
Main Balloon 29
m
Total- Launch 834
Skin and Reinforced ?-75
wt (ib)
300
wt (Ib)
I120 Z580
19 84
300 300
95 293
95 293
77 77
93 93
400
wt (lb)
4680
252
3O0
670
670
77
93
Structure
Solar Cells
Coils
Electronics
Shielding
--Tf99
56
114
1969
1120
_$Zo--
248
256
4224
2580
-- -%_2--
66O
456
7858
4680
Coil
Fixed Electrical
Coil
4
306
60
60
77
III
26
306
240
240
77
III
118
306
750
750
77
III
652
306
1920
1920
77
III
Total - Orbit
m
Structure
Inflatant
Main Balloon
T_Y - L-a'_._-h---- --
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
Total - Orbit
Inflatant
Structure
Main Balloon
Total - Launch
893 2120 4692
8
29
930
275
Z
206
37
37
77
63
697
6
29
732
64
114
2298
1120
22
206
216
216
77
63
. ,,.,&.w N
19Z0
60
114
2094
Z70
256
5218
2580
84
206
647
647
77
63
mumB
4304
248
256
4808
9666
1060
456
11182
4680
535
206
1940
1940
77
63
9441
940
456
10837
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TABLE Z-2 (Continued}
Altitude
Statute
Miles
500
1500
Z500
3500
Inclination 30 Degrees
Diameter (ft) 100 ZOO
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and reinforced
Coil
Fixed Electrical
Coil
wt (Ib)
Z75
1
58
Z
2
77
1
wt (Ib)
llZO 2580
11 59
58 58
11 33
11 33
77 77
1 1
300 400
wt (Ib) wt (Ib)
468O
178
58
78
78
77
1
Total - Orbit
Structure
Inflatant
Main Balloon
-Tot_ _ L--aunch .......
Structure
Skin and Reinforced
.ram
416 1289
5 49
29 114
450 1452
275 1120
Z841
ZZ0
Z56
-- -- 3"_'17
2-580
5150
570
456
6176
4680
Solar Cells
Coils
Electronics
Shielding
Coil
Fixed Electrical
Coil
2
ZZ9
I0
I0
77
62
15
229
52
52
77
62
Total - Orbit
Inflatant
Structure
Main Balloon
Total - Launch
Structure
Solar Cells
Coils
Electronic s
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
Total - Orbit
Inflatant
Structure
Main Balloon
Total - Launch
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
Total - Orbit
Structure
Inflatant
Main Balloon
-T_-----------Launch -- -- --
665
6
29
700
275
Z
228
Zl
Zl
77
71
m_
695
29
730
275
Z
140
17
17
77
31
559
6
__!9__
594
1607
53
114
1774
1120
15
228
90
90
77
71
1691
53
114
1858
1120
15
140
87
87
77
31
1557
53
114
1724
67 208
ZZ9 ZZ9
150 359
150 359
77 77
62 62
3315
228
256
3799
2580
3615
228
Z56
4099
2580
67
140
300
300
77
31
3495
5974
605
456
7035
4680
67 223
228 228
296 683
Z96 683
77 77
71 71
6645
620
456
77ZI
4680
ZZ3
140
775
775
77
31
6701
620
__45_6_
77773979
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TABLE 2- Z (Continued)
Altitude
Statute
Miles
500
1500
2500
Inclination 60 Degrees
Diameter (ft) 100 Z00 300 400
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
Total - Orbit
Inflatant Structure
Main Balloon
Total- Launch
wt (Ib)
275
I
58
Z
2
77
I
5
29
450
wt (Ib)
llZO
11
58
8
8
77
1
1283
49
114
1446
wt (ib)
i
2580
59
58
24
24
77
I
m°
2823
220
256
3299
wt (ib)
J
468O
178
58
57
57
77
1
5108
570
456
6134
Structure
Solar Cells
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
275
Z
170
7
7
77
36
llZO
15
170
31
31
77
36
2580
67
170
94
94
77
36
4680
193
170
217
217
77
36
Total - Orbit
Structure
Inflatant
Main Balloon
Total- Launch
Structure
Skin and Reinforced
574
6
29
609
275
1480
114
1657
llZO
3118
228
256
3602
2580
5590
585
456
6631
4680
Solar Cells
Coils
Electronics
Shielding
Coil
Fixed Electrical
Coil
Total - Orbit
Inflatant
Structure
Main Balloon
Total - Launch
2
177
11
11
77
45
15
177
56
56
77
45
67
177
170
170
77
45
598
6
29
633
193
177
406
406
77
45
1546
63
114
1723
3286
228
256
3770
5984
585
456
7025
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TABLE 2-2 (Continued)
Altitude
Statute
Mile s
3500
Inclination 60 Degree s
Diameter (ft)
Struci_re
Solar CeHs
Coils
Electronic s
Shielding,
Total - Orbit
Skin and Reinforced
Coil
Fixed Electrical
Coil
StructureInflatant
Main Balloon
Total Launch
100
wt (ib)
275
2
122
12
12
77
20
520
6
29
555
200 300
wt (Ib) wt (ib)
1120 2580
15 67
122 122
64 204
64 204
77 77
20 20
1482 3274
63 228
114 256
1659 3758
4O0
wt (Ib)
4680
2Z3
122
525
525
77
20
m
617Z
620
456
7 248
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TABLE Z-2 {Continued)
Altitude
Statute
Miles
500
1500
2500
Inclination
Diameter (ft)
Structure
Solar Ceils
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
100 400
wt (Ib) wt (Ib)
275
I
58
2
Z
77
I
90 Degrees
200 300
wt (Ib) wt (Ib)
1120 2580
11 59
58 58
8 24
8 24
77 77
1 1
4680
178
58
57
57
77
1
Total - Orbit
Inflatant
Structure
Main Balloon
416
5
29
450
Skin and Reinforced Z75
Coil 2.
Fixed Electrical 161
Coil 6
6
77
32
559
6
29
594
Skin and Reinforced 275
Total- Launch
Structure
Solar Cells
Coils
Electronics
Shielding
Total - Orbit
Inflatant Structure
Main Balloon
Total - Launch
Structure
1283
49
114
1446
1120
15
161
29
29
77
32
1463
53
I14
m
1630
I120
2823
220
256
3299
2580
59
161
80
80
77
32
-
220
256
3545
2580
5108
570
456
6134
4680
178
161
190
190
77
32
5508
570
456
6534
4680
Solar Cells
Coils
Electronics
Shielding
Coil
Fixed Electrical
Coil
Total - Orbit
Inflatant Structure
Main Balloon
Total - Launch
2
170
10
I0
77
39
583
15
170
51
51
77
39
1523
59
170
152
152
77
39
6
29
618
53
114
1690
3229
ZZ0
256
3705
193
170
328
328
77
39
5815
585
456
6856
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TABLE 2-2 (Continued)
Altitude
Statute
Mile s
3500
Inclination
Diameter (ft)
Structure
Solar Ceils
Coils
Electronics
Shielding
Skin and Reinforced
Coil
Fixed Electrical
Coil
Total - Orbit
In_flatant
Structure
Main Balloon
q0 Degrees
100
wt (ib)
m
275
2
104
Ii
11
77
19
_9T-
r
29
534
2.O0
wt (Ib)
1120
15
104
60
60
77
19
" 1455
53
114
1622
300
wt (Ib)
2580
59
104
172
172
77
19
3183
220
256
3659
400
wt (lb)
4680
193
104
437
437
77
19
59-47
585
456
6988
Conclusions - The weight table is based on the analysis outlined earlier.
Mention should be made of the weights for equatorial orbits, particularly at
1500- and 2500-statute-mile altitudes. It can be seen that the required solar
cell and torquer weights are becoming excessive. For the 100-foot-diameter
balloons, this combined weight becomes 2 to 3 times the indicated balloon
structural weight. Besides the analytical aspects, there would be difficulty
in packaging and folding such balloons.
In summary, the weight table should give the reader the relative weight
penalty for varying altitude and inclination. Figure 2-17 is a plot of the data
obtained from the weight table. Here is shown the effect on total weight of
varying the parameters of the study: balloon diameter, altitude, and inclin-
ation angle.
Sample Calculation - Since a good deal of work in the feasibility study was
based on a 200-foot-diameter balloon, this diameter was selected to illustrate
the procedure for assembling the weight table. The altitude selected was
1500 miles with a 30-degree inclination angle. The earth's field at this point
is 2.0 gauss.
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Figure 2-17. OPC Satellite Launch Weight Versus Orbit Altitude
(For Various Balloon Diameters and Inclination Angles)
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The K factor is first determined from figure 2-2 and is determined to be
3. 38 Ib/watt. The solar cell weight for the fixed electronics is then deter-
mined from figure 2-3 assuming the equipment power to be 50 watts. The
weight of solar cell required is 229 pounds. The weight of fixed control
electronics is the same for all balloon diameters, altitudes, and inclination
angles, and is calculated to be 77 pounds. However, the shielding weight
required for this amount of electronics varies with altitude and inclination.
Using figure Z-4 and the procedure outlined previously, the shielding weight
is calculated to be 62 pounds.
The procedure for calculating the reinforced skin weight was described
earlier. The weight varies with balloon diameter but is the same for all
altitudes and inclination angles.
For the Z00-foot-diameter, the structural tube size selected was 1 inch
and the spacing of structural members was determined to be 20 feet
(.'.n = 1/20 = 0. 05 tube/foot). Using a double thickness factor (f) equal to
I. 15, the above values, and substituting into equation 2-5, the weight ratio
of the balloon in terms of Echo II weight can be determined:
f
W =
r i - 0. 525 dn - (0. 525 cln)2
1.15
i - o. 525 (i. 0)(0.0500)- (0. 525)2(I. 0)2(. o5)
or
= I. 18Z
Now the total weight is calculated assuming the weight of Echo II material to
be 0. 00752 ib/ft 2
g
w = 1.182(z00) (0.00752)
= i I 20 pounds
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As shown in the flow chart (figure Z-l) the torque per gauss (T/B) ratio
can be calculated. Using figure 2-9, the torque per gauss ratio is deter-
mined to be 0. 68. The number of torque coil structural tubes required per
axis is determined from figure 2-4 to be four.
Taking into account the three orthogonal directions and the weight of Echo
II material as 0.00752 Ib/ft Z, the coil structure weight is calculated as:
2 (i.0) 0. 00752 = 15 pounds(4) 3_ (zoo) IZ
The structural inflatant weight can be determined next using figure Z-IZ.
The coil structure inflatant weight is 15 pounds while the reinforced skin re-
quirement is 38 pounds, yielding a combined weight of 53 pounds. The main
balloon inflatant weight is based on a comparison of the amount used for the
Echo IIwhich was 52 pounds of acetamide. Keeping a uniform skin stress,
the main balloon inflatant weight is then
(200) 2
(5Z) = 114 pounds
(135) 2
The solar cell weight for the torque coil and the weight of the torque coil
are equal and are found from figure 2-13. For a T/B of 0.68, K = 3. 38,
the weight per coil is found to be 17.33 pounds. Thus, total coil weight is equal
to 3 x 17. 33 or 5Z pounds. The weight of solar cell power supply is also 52
pounds.
The total orbit weight of these items is 1607 pounds. Adding in the inflatant
gives a total launch weight of 1774 pounds.
Reinforced Skin Weight Equation - The derivation of the reinforced skin
weight equation is given below:
let
W
ec
W = weight ratio of reinforced skin to Echo II skin
r
W t = weight of reinforced tube
= weight of sphere made of Echo II material
1779A49
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W = weight of skin of the reinforced sphere = W
S ec
f = factor to allow for double thicknesses at gore joints, etc.
Then
W
t
W
ec
=W
r
W +W )
_ s t f
W
ec
Wt )f
= 1 + _----
ec
W t
_-- can be found by comparing the surface area of material in the tubes for
ec
a 1 square foot area to the area of the skin.
2_rdn
The surface area of the tubes in a square grid is A t = 1Z = 0. 525 dn
square feet.
Where:
d is the tube diameter in inches, n is the number of tubes per foot in a
square grid.
Therefore
w = f (I + 0. 525 dn)
The required area moment to support this loading is
IAR f (i + 0. 525 d n)
The actual moment of inertia provided by n tubes is IA = n It where It is
the moment of inertia of one tube and the skin is assumed to provide no sup-
port. For success, IA = F.S. x IAR f (i + 0. 525 dn) where F.S. is a factor
of safety. Therefore nlt = F.S. IAR f (I + 0. 525 dn)
Solving for n in this equation and substituting into the equation for w
fyields:
W =
r
where IAR
1779A
1 -0,525 df F.S. DIA'"
I t
is the value for unit loading.
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Attitude Control
Objectives - The objectives of this study were to determine feasibility for
cases other than the 200-foot diameter balloon at 1500 miles, 30- and
60-degree inclination, and in each case find peak normal pointing errors and
flip and settling times.
The altitudes included in the study were 500, 1500, 2500, and 3500 stat-
ute miles. At each altitude inclinations of 0, 30, 45, 60, and 90 degrees
were studied. For all combinations of altitude and inclination, balloon sizes
of I00-, 200-, 300-, and 400-foot diameters were studied, for a total para-
metric study of 80 cases.
Method of Simulation - The direction cosine method of simulation described
in the Phase I Final Report for the 1500-mile, 30- and 60-degree cases was
used in the parametric study. In each case it was necessary to optimiz@
gain for lowest steady state error as the primary consideration, and fastest
system response time as measured by flip and settling time as a secondary
consider ation.
Study Results - Figure 2-18 summarizes the results of the parametric study
in terms of whether or not a particular case is feasible. Also shown is the
peak routine mode pointing error* for the feasible cases.
The peak routine mode pointing error has been plotted in figures 2-19
through 2-22 as a function of the disturbance torque to vehicle moment of
inertia ratio.
The moment of inertia is roughly proportional to the fourth power of the
diameter, and the disturbance torque is proportional to the cube of the
diameter. Therefore, in figures Z-19 through Z-ZZ larger diameters are
associated with smaller TD/I_ ratios.
*Pointing error is defined as the angle between the orbit velocity vector and
vehicle pattern symmetrical axis.
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Figure Z-18. Attitude Control Parametric Study
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Figure 2-19. Error Versus Disturbance Torque
To Inertia Ratio, 500-Mile Altitude
The second result obtained from the study was flip and settling time.
Table 2-3 lists flip time in hours and also in orbits for each case. Flip
and settling time is measured from the start of the flip until the time the
total pointing error comes within 30 degrees and remains less than 30 de-
grees. This result gives a uniform measure of system response speed for
case comparison.
In Appendix D, oscillograph records of a few representative analog com-
puter runs are reproduced.
Study Evaluation and Recommendations - The parametric study shows that
control system performance is most efficient at the 45-degree inclination,
being degraded at both higher and lower inclinations and completely inef-
fective at 0-degree. There are two separate causes for this effect.
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Figure 2-20. Error Versus Disturbance Torque-to-Inertia
Ratio - 15-Mile Altitude
At higher inclinations the satellite often passes near or over the magnetic
poles. The magnetic field vector magnitude at these points is roughly twice
that found at lower latitudes for a given altitude. The control system used
in this study is dependent on the magnetic field vector magnitude by a square
relation.
I_EK = System gainCoil currents are'I = K (B x E')" Geomagnetic field vector
' Error signal after operation of
damping logic
the I then reacts with the environment field to form correction torques by the
relation[T =-IxB]. A 2-to-i variation in the magnetic field vector magnitude
has
the effect of a 4-to-I variation in gain. The system gain must be lowered to
accommodate the high magnetic field over this small portion of the orbit. The
effect of lowering the gain is to increase the system response time (flip and
settling time) and to reduce the magnitude of the disturbance torque allowable
for a given vehicle inertia. The effect is to make less feasible smaller dia-
meter balloons which have a greater disturbance torque-vehicle inertia ratio.
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One solution to the problem is to divide (_ x 1_,') bylB] 2 in calculating the
coil currents. The addition of three squaring circuits, a summing amplifier,
and three division circuits would be required. However, if small diameter
satellites at orbit inclinations over 40 degrees are to be used, this system
should be evaluated and possibly incorporated.
A considerable improvement should be obtained by limiting the magnitudes
of the B components used in the calculation of coil currents (I = B x _.')to an
arbitrary level. A first trial might be to limit all component magnitudes to
IBnl - the magnetic field vector magnitude seen at lower latitudes in a given
orbit. The effect would be similar to reducing the gain whenever high mag-
netic field magnitudes were seen. Since this introduces additional nonline-
arities into the control system, an analog computer evaluation of this system
should be made also.
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Another variation of the idea, possibly having considerable value, would
be to replace the three components of B, B , B , B in the I = B x _.'
zcalculation with K , K , . This has the feature of consid-
erable simplification since the six multipliers used in this calculation can be
replaced by relatively simple diode switches operated by the sign of B , B ,
x y
and B and three additional amplifiers to provide the negative of the three
Z t
error signals. Since this introduces considerable nonlinearity into this
calculation, a computer study would definitely be necessary before incorpor-
ation into a control system.
At lower inclinations the magnetic field vector is fairly constant in magni-
tude and, for the vertical system, maintains an almost constant direction
with respect to the orbital coordinate system over the entire orbit. It can be
seen that very little correction torque is available about one axis, since the
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TABLE Z- 3
PARAMETRIC STUDY RESULTS
®
Altitude
(Statute
Miles)
500
500
500
500
500
50O
500
500
500
500
500
500
500
5O0
50O
500
500
500
500
500
1500
1500
1500
1500
1500
1500
1500
1500
1500
1500
1500
1500
Inclination
(Degrees)
0
0
0
0
3O
30
30
3O
45
45
45
45
6O
6O
60
60
9O
90
90
9O
0
0
0
0
3O
3O
3O
3O
45
45
45
45
Diameter
(Feet)
J
Peak Routine
Error (Degrees)
Not Feasible
Flip and Settle
Time
9.9
ii .2
13.6
18.8
9.8
i0.7
ig.7
16.6
i0.0
ii .5
14.Z
19.9
Not Feasible
Not Feasible
(Orbits)
8.5
8.5
8.5
8.5
8.5
8.5
8.5
8.5
400
300
ZOO
i00
400
300
ZOO
I00
400
300
ZOO
I00
400
300
ZOO
I00
4O0
3OO
ZOO
I00
400
300
ZOO
I00
4OO
3O0
ZOO
i00
40O
3OO
ZOO
I00
9.0
9.1
9.3
9.6
8.5
8.6
8.8
9.0
Z8
Z8
Z8
Z8
Z8
Z8
Z8
Z8
Z8
Z8
Z8
Z8
(Hours)
48
48
48
48
48
48
48
48.
48
48
48
48
19
19
19
19
19
19
19
19
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Altitude
(St atute
Miles}
1500
1500
1500
1500
1500
1500
1500
1500
Z500
Z500
2.500
2500
2500
2500
2500
2500
Z500
2500
2500
2500
Z500
g500
2500
2500
2500
2500
2500
Z500
3500
3500
3500
3500
TABLE Z-3 (Continued)
Inclination
(Degrees)
Diameter
(Feet)
60 400
60 300
60 200
Peak Routine
Error (Degrees)
9.0
9.4
9.9
60
90
90
90
90
0
0
0
100
400
300
ZOO
100
400
300
200
10.5
10.4
11.0
13.4
15.9
Not Feasible
0
30
30
30
30
45
45
45
45
60
60
60
60
90
90
90
90
0
0
0
0
100
400
300
ZOO
100
400
300
ZOO
100
400
300
ZOO
100
400
300
ZOO
100
400
300
ZOO
i00
8.8
8.9
9.1
9.3
8.5
8.6
8.7
8.9
8.8
9.0
9.3
9.6
9.1
9.5
10.0
I0.5
Not Feasible
Flip and Settle
Time
(Orbits) (Hours)
8.5 19
8.5 19
8.5 19
8.5 19
9.0 Zl
9.0 Zl
10.0 Z3
II .0 75
5.0 15
5.0 15
5.0 15
5.0
5.0
5.0
5.0
5.0
5.0
5.0
5.0
5.Z
5.0
5.0
5.5
5.5
15
15
15
15
15
15
15
15
16
15
15
15
16
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Altitude
(Statute
Miles)
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
3500
TABLE Z-3 (Continued)
Inc linat i on
(Degrees)
30
3O
3O
3O
45
45
45
45
60
60
60
60
90
9O
9O
90
Diameter
(Feet)
4O0
300
ZOO
i00
4OO
30O
ZOO
I00
40O
30O
Z00
i00
4O0
300
Z00
I00
Peak Koutine
Error (Degrees)
8.5
8.6
8.7
8.8
8.Z
8.3
8.4
8.5
8.3
8.4
8.5
8.6
8.8
9.1
9.5
0.0
Flip and Settle
Time
(Orbits) (Hours)
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.5
3.7
3.9
13
13
13
13
13.0
13.0
13.0
13.0
13.0
13.0
13.0
13.0
13.0
13.0
13.7
14.5
only torques the system can generate are orthogonal to the magnetic field
vector. Practically however, because of anomalies in the magnetic field
and because of the earth's rotation under the orbit of the satellite, small
correction torques are available even in this axis. By increasing the gain in
this axis for small error excursions about the other two axes, it should be
possible to make nearly all orbits feasible from the control system standpoint
for some balloon sizes.
+az3
A reduction in complexity can be obtained by replacing E =
z JaZ + ZZ3 a13
with Ez = +az3"
result since E
z
does not affect pointing accuracy or mobility.
It is expected that little loss in system performance would
is a measure of roll error (about the symmetrical axis) and
Whenever E and E become
x y
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az3
='k/ Z Z . The reduction in complexity is two squaringsmall, az3 a23 + a13
%1
circuits, one summer, a square root circuit, a divider, and a multiplier.
When the control system was conceived and the vertical mode established,
there were no preferred directions of flip. Two considerations influenced
the choice of flip about the yaw (vertical) axis, however, one being the rela-
tive ease of simulation, and the other being the possibility of adding gravity
gradient at a later date. The flip proved quite feasible in all cases where
routine pointing was feasible, and no further work was done in this area.
During the parametric study, it became apparent that (especially at the 500-
mile altitude) the system could probably be improved with respect to settling
time and power consumption by using a pitch flip rather than a yaw flip.
The orbital period at the 500-mile altitude is 10Z minutes, giving an orbital
rate about the pitch axis of 3.7 tad/hour. A flip about yaw requires moving
this momentum vector through a 180-degree angle. On the other hand, a
flip about pitch involves only a change in the magnitude of this momentum
vector and no change in direction.
Selection of a Configuration for the Parametric Study - In order to make a
parametric study practical with respect to computer time, a simplified mobil-
ity program (Appendix B) was developed to replace the N-body program used
in the Phase I study. This program, through the use of a number of simpli-
fying assumptions, reduces the required computer time by a factor of about
I00 while maintaining the accuracy of the computation. The model used for
this program also lends itself to a more complete evaluation of the perfor-
mance of the system throughout the entire range of operation.
By the same reasoning used to develop the method of referencing forces
for all orbits (Phase I), it can be seen that a circular orbit inclined at some
angle to the sun line will have the same perturbing forces regardless of the
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right ascension or inclination of the orbit. Thus, the truly independent
variable in determining the mobility of a satellite at a given altitude is the
inclination of the sun line to the plane of the orbit.
Since the mobility of the satellite is directly related to the change of
period of the satellite, a good indication of the range of mobilities for a par-
ticular satellite can be obtained from a plot of the change in the semi-major
axis of the orbit as a function of the inclination of the sun line to the plane of
the orbit. The changes are taken per one complete orbit to eliminate the
periodic terms from consideration, thus leaving only the long-term
variation of the semi-major axis.
This procedure was used in the selection of a configuration to be used in
the parametric study. Shown in figure Z-23 is a plot of the deviation in
semi-major axis per orbit of three of the configurations studied. As can be
seen, the deviation remains fairly constant with respect to the sun line incli-
nation for all three configurations, thus ensuring a reasonably consistent
response regardless of the orientation of the sun and orbital plane. It is also
interesting to note that in all three cases the peak response occurs at the
point where the orbit emerges completely from the earth's shadow, thereby
exposing the satellite to the solar forces for a longer period of time.
This figure also illustrates the importance of considering the secondary
forces and especially the re-radiation forces in the analysis. The compo-
nent of the deviation due to the direct solar forces only is shown for the
configuration two and three satellites and, of course, the direct solar com-
ponent for configuration 1 is 0. In all three cases the deviations are very
significantly different when the total forces on the satellite are considered.
Most of this difference can be shown to be caused by the re-radiation forces.
The corresponding maximum mobilities for these configurations, that is,
the mobilities of the satellites when the inclination of the sun line to the plane
of the orbit is in the region of 50 degrees, are shown in figure Z-Z4. The
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direct solar component of mobility for the configuration two and three satel-
lites is shown as a dotted line since it is in the opposite direction from the
other mobilities.
In choosing a configuration for the parametric study, two main character-
istics were considered. First and most important, the configuration must
have sufficient mobility to complete the initial placement maneuver in a rea-
sonable length of time and secondly, the thermal design of the satellite should
be made as easy as possible.
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Figure 2-24. Angular Separation Versus Time
The first configuration examined (shown as configuration two in figures
2-23 and 2-24), which had the highest mobility of the configurations studied
in Phase I, had sufficient mobility to successfully complete the manuevers.
However, the large difference in the outside emissivities makes the thermal
design of the satellite difficult. In an effort to alleviate this problem, the
lower emissivity was raised to 0.Z (configuration three). This, however,
lowered the mobility excessively and further efforts in this direction contin-
ued to lower the mobility, but never so far as to reach the level of the direct
solar component. In particular, as the emissivity was raised the delta a
curve (figure 2-23) appeared to asymtote on a near 0 value.
An alternate approach suggested itself at this point. If the direct solar
component could be eliminated without changing the re-radiation force
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significantly, then the mobility curve should increase by the amount that the
direct solar component had been subtracting from the total curve. This
situation was achieved by making the external absorptivity of the satellite
uniform and equal to the average of the previously used absorptivities (con-
figuration one in figures Z-Z3 and Z-Z4). Since this configuration satisfied
both of the previously described conditions and also produced the very de-
sirable by-product of reducing the solar pressure torques to 0, it has been
used for the parametric study.
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Degradation of Mobility With Attitude Control Error - In order to study the
effects of an attitude control error on the performance of the system, the
simplified mobility program was used to evaluate the system performance
under the influence of a rather large sinusoidal error. Since a deviation
of the axis of symmetry from the velocity vector on anything but the yaw
axis would require adding another dimension to the force table being used,
a sinusoidal error about the yaw axis (radius vector) was chosen to be
studied.
The results of this study are shown in figures Z-25 and 2-26 Figure
2-25 shows a plot of the deviation in semi-major axis per orbit for the first
90 orbits of the trial case while figure 2-26 shows the corresponding mobil-
ity and satellite configuration. The solid lines represent the trial case hav-
ing a zero attitude control error while the dotted lines show the effects of
the 30-degree, I day sinusoidal error, shown in figure 2-25 on the identical
case.
Figure 2-25 shows very clearly the frequency doubling effect on the Aa
due to the expected degradation of performance as the axis of symmetry
moves off to either side of the velocity vector. However, it is interesting
to note that the optimum orientation of the satellite for this case is not along
the velocity vector but somewhat offset to one side of it. Furthermore,
the optimum orientation very probably varies with the inclination of the
orbit.
It can be seen from figure 2-26 that the attitude control error has very
little effect on the mobility of the system. Even for this relatively large
error of 30 degrees, the mobility was degraded by only 6 percent. Since
most of the attitude control errors will be well below this threshold and
since the natural causes of varying orbit orientation produce a significantly
larger variation of mobility than this, the variation due to natural causes
rather than attitude control error has been studied in the parametric study.
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Maximum Eccentricity Computations - In order to attain efficient station
keeping of a set of satellites in approximately the same orbit, it becomes
necessary to maintain the eccentricity of the orbit within some acceptable
limits. Among the reasons for maintaining small eccentricity are degra-
dation of the lifetime of a satellite at the lower altitudes, a possible loss of
mobility due to earth shadowing effect, higher power requirements for
ground stations due to altitude variation, and a variation in the spacing of
the satellites• For these reasons computations were made to determine the
maximum eccentricity which could be expected for the satellite at each alti-
tude, diameter, and inclination studied.
The maximum eccentricity variation as a function of inclination is shown
in figures Z-Z7 through 2-34 for the four altitudes and four diameters studied.
The many peaks shown on these curves are indicative of the various reso-
nance_ _ regions. These regions, particularly the open-ended regions, are con-
sidered to be impractical for use by the high area-to-mass ratio communi-
cations satellites being studied both because of the limited lifetime and
large variation in satellite spacing within an orbit•
The minimum perigee height expected from these orbits can be found by
correlating the maximum eccentricity data with figure 2-35 which shows the
perigee height as a function of eccentricity and semi-major axis. As can be
seen, the maximum eccentricity is not large enough to subject the satellite
to significant atmospheric drag except in the open ended resonance regions.
The various conditions which can result in orbital resonance can be de-
scribed by the following relationships:
+_-_ = 0 (stationary perigee)
S
i.
z. +
S
3.
S
4.
S
s. -o
S
8
= 0 (equal and opposite motion)
= 0 (stairstep effect)
= 0 (stairstep effect)
(perigee in phase with sun line)
(perigee in phase with sun line)
- Phase I Final Report, pp 41-50
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Figure 2-27. Maximum Eccentricity Versus
Inclination - 500-Mile Altitude
where_,_ and _ are the motion of the argument of perigee, the precession
S
of the right ascension, and the apparent motion of the sun, respectively. For
retrograde orbits, the sign of_ should be changed since by definition positive
changes from a counterclockwise rotation to a clockwise rotation when
looking down from the north pole for retrograde orbits.
The various peaks shown in the maximum eccentricity data have been
categorized with respect to the various conditions causing them and have been
charted in figure 2-36. The numbers on the chart refer to the numbered
conditions shown above. The manner in which the regions of resonance vary
with the altitude can be seen very clearly on this chart. None of the
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Figure 2-28. Maximum Eccentricity Versus
Inclination - 500-Mile Altitude
calculated peaks could be attributed to condition number four although it is a
theoretically possible condition.
The stability of the resonance appears to be a function of both the altitude
of the orbit and the condition causing the resonance. In general, the reso-
nances tend to become wider with increasing altitude due to the decreasing
precession rates of the orbit. Also, in general, it appears that condition
No. I causes the most stable resonance, condition No. Z causes a somewhat
less stable resonance, and the other conditions have considerably less
stability.
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Figure 2-29. Maximum Eccentricity Versus
Inclination - 1500-Mile Altitude
The different curves shown for the different diameter satellites are due to
the difference in area to mass ratios of the various satellites shown infigure
2-37. The higher area to mass ratios at lower inclinations also tend to
minimize the eccentricity in this region.
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Parametric Design Computations - Calculations of spherical satellite mo-
bility and other related quantities have been made for four diameters at four
different altitudes and for all orbital inclinations for each diameter and al-
titude. The data was prepared in both tabular and graphical form. Although
the primary means of presenting the data is graphical, tables Z-4 through
2-19 have been included to provide additional resolution on the data where
needed.
The categories shown in the parametric tables are defined in the following
manne r :
Launch and Orbit Weight - The launch and orbit weight is simply the weight of
the satellite at the time of launch and after the inflatant has been expended
as defined in the structural weight tables {table 2-2). The orbit weight
and diameter of the satellite determine the area to mass ratio (figure 2-37)
which acts as a linear multiplying factor on both the eccentricity and
mobility computations since the solar pressure forces are directly pro-
portional to the area-to-mass ratio.
Maximum and Minimum Mobility - Mobility is defined as the angular separa-
tion after 30 days between two identical satellites which were started in identi-
cal orbits but placed in opposite modes of operation. As was mentioned in
the section titled Selection of Configuration, the mobility of the satellite is di-
rectly related to the change in the semi-major axis of the orbit. Further-
more, it has been shown that for circular orbits the change in semi-major
axis is a function only of the inclination of the sun line to the orbital plane.
Calculations have been made on a 2000-pound, 200-foot satellite at each
altitude to determine the change in semi-major axis per orbit. Figure 2-38
shows the variation of these deviations as a function of the inclination of the
sun line to the orbital plane. It is interesting to note that the deviations in
each case reach a peak at the point where the orbit emerges completely from
the earth's shadow.
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Figure 2-38. Deviation in Semi-Major Axis of Orbit
It is obvious that since there is approximately a Z0-percent difference be-
tween the maximum and minimum deviations in all cases, there will be a
significant difference in the mobility at different times in the lifetime of the
satellite. For this reason a mobility envelope was defined having its bounds
as the maximum and minimum mobilities of the parametric table. The maxi-
mum mobility was calculated by choosing the right ascension of the orbit and
the time of the year such that the inclination of the sun line to the plane of the
orbit remains as near as possible to the peak value throughout the 30-day
period. Conversely, the minimum mobility is calculated by keeping the in-
clination of the sun line to the plane of the orbit as near as possible to the
minimum value which in all cases is 0.
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The mobility envelopes for the four diameters and altitudes are shown in
figures 2-39 through 2-42. The slight biasing of the curves toward the retro-
grade orbits especially at the lower altitudes is due to a more slowly varying
sun line inclination at those orbital inclinations. Again the variation as a
function of diameter is due to the variation of the area-to-mass ratio and the
mobility envelopes at the same altitude can be seen to be a linear function
of the area-to-mass ratio.
Maximum Eccentricity - The eccentricity of an orbit will vary due to solar
pressure perturbations on the satellite. Calculations have been made to
determine the maximum eccentricity which could be expected for any orbit.
Graphical presentations of this information including regions of resonance
are given in the section entitled Maximum Eccentricity for all satellites and
orbits studied.
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LaunchAi - A requirement for an orbit position controlled system of com-
munications satellites is that the orbits of the positioned satellites must be
kept coplanar within reasonable limits. This indicates that the right ascen-
sions of the satellites must remain essentially equal. The precession rate of
the right ascension due to the second harmonic of the earth's oblateness can
be expressed as:
3.5
(I-eZ) Z
Since the inclination of the orbit cannot be controlled after launch, a toler-
ance must be placed on the inclination of the satellites at the time of launch
such that the difference in precession rates will not create a significant dif-
ference in right ascensions over the lifetime of the satellite. The tolerance
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On right ascension was chosen to be less than a 5-degree difference after 5
years. This means that the difference in precession rates of the satellites
must be less than that required to produce a 5-degree difference in right
ascensions after 5 years or:
, _
1 2 _l_eZ]Z -- c
_ 5 deg.
1865 days
where satellites l and 2 are considered to be launchedAi/2 on either side of
i, the desired inclination. Solving forz_i:
In figure 2-43 is shown the permissibleAi as a function of inclination for
the four altitudes studied. These toIerances should be readily attainabie
especially if the singIe launch technique is used.
Launch AV - If the satellites are considered to be launched into the same
point on the orbit as in the single launch technique, then in order to position
the satellites optimally the velocity deviation, AV, between the sateliites
must be no greater than that which can be taken out in the time required for
the two nearest satellites to separate.
In calculating this figure, a 6-satellite-per-orbit scheme was assumed.
Thus the maximum velocity deviation which can be tolerated is that which
can be taken out by leaving the two satellites under consideration in opposite
modes of operation throughout the total 60-degree separation.
The veiocity of a sateilite in a circular orbit can be expressed as:
V -
 )2,3 olj3
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Figure 2-43. Permissible Launch Window on Inclination
where n is the mean angular motion of the satellite. Then the AV which can be
tolerated is simply:
where n I and n 2 are the mean angular motions of the two satellites at the
point where 60 degrees of angular separation were achieved. Conservative
estimates of the AV were made by basing the calculations of the mean angular
motion deviation on the minimum mobility figures. If the satellites should be
launched into a region of maximum mobility, the permissible AV would be
somewhat higher than shown.
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Figures 2-44 through 2-47 show the permissible AV for the satellites and
orbits studied. Since the minimum mobility is relatively constant with re-
spect to inclination, the variations in AV as a function of inclination mainly
reflects the variation in the area-to-mass ratio of the satellite as does the
variation as a function of satellite diameter.
If the AV at launch should exceed the AV calculated here corrective
measures can be taken to position the satellites. However, the satellites
will overshoot the desired angular separation, will have to be recorrected,
and, thus the initial placement times shown later will not be attained.
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Highest Latitude Seen by I0 Percent of Orbit. -In order to obtain an indication
of the ground coverage capabilities of various orbits, calculations were made
to determine the highest latitude on the earth's surface which could be seen
by at least I0 percent of the orbit.
The point S in figure 2-48 which is in the plane of the paper represents a
point 5 percent of the orbital period from the time the satellite passes over
the highest latitude on earth. The angle uinthe orbital plane between the
point S and the equatorial plane for a circular orbit is simply 7Z degrees.
The latitude of the satellite, _, at this point is then defined by the
relationship:
sin y = sin i sin u
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and the highest latitude seen by the satellite from this point is:
)qJ = cos Re/a + y
Shown in figure 2-49 is a plot of the highest latitude which can be seen by
at least 10 percent of the satellite orbit for allorbits studied. The earth
coverage penalties for low altitude and tow inclination orbits can readily be
seen.
Initial Placement and Relocation Times - Consideration was given to the
length of time needed to complete two of the basic manuevers required of the
system. In making the calculations, two satellites are assumed to start with
the same orbital periods. The satellites are placed in opposite modes of
operation and a conservative estimate of maneuver time is obtained by cal-
culating the time required to achieve half the desired separation based on
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Figure Z=49. Highest Latitude Seen By Satellite
minimum mobility figures. At this point it is assumed that both satellites
will be flipped and the remaining half of the correction will be made while the
two satellites are returning to equal orbital periods. The total maneuver
time is then assumed to be twice the time needed to achieve half the correc-
tion.
A six-satellite-per=orbit scheme is assumed for both cases. If a single
launch technique is used, the initial placement time willbe determined by
the time required for 2 of the satellites to separate 300 degrees. In the
relocation maneuver, it is assumed that the original six=satellite-per-orbit
scheme is desired to be realigned as a five=satellite=per=orbit scheme due
to the permanent outage of one satellite. Thus it is required that the 2
satellites adjacent to the disabled satellite close by 48 degrees.
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Calculations of initial placement time and relocation time based on these
assumptions are shown in figures 2-50 through 2-53 for all satellites and
orbits studied. As can be seen the maneuver times have the same charac-
teristics as the minimum mobility curves.
The initial placement times could be improved by taking advantage of
initial velocity deviations so as to eliminate the slow building up of mobility
at the beginning of the maneuver. These times are further enhanced when
it is considered that during approximately the last I0 days of the maneuver,
the satellites will be within I0 degrees of the desired position.
Average Percentage of l Degree Beam Reflected - In order to obtain an
indication of the power requirements for the various satellites and orbits
under consideration, the average percentage of a l-degree beam reflected
by the satellite was calculated. The average is assumed to be the average
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between a satellite seen on the horizon and a satellite directly overhead.
The relationship for this percentage is:
2
200 R B
Average Percentage Reflected =
H + : H A
where R B is the radius of the balloon, H A is the altitude of the orbit, and
H H is the horizon distance to the satellite defined by:
and R is the radius of the earth.
e
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Figure 2-54 shows the average percentage of a l-degree beam reflected
by the satellites at all altitudes.
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Mobility of the Lenticular Shape - The digital computer program used to
calculate the forces on a spherical satellite requires extensive modification
in order to compute sirnilar forces on a lenticular shaped satellite. The
direct solar, earth-emitted, and earth-reflected forces are computed in the
same manner and could be obtained by considering only the two caps of the
sphere which make up the lenticule. However, the calculation of the re-
radiation forces involves the determination of the internal energy distribution
which is no longer uniform as in the sperhical case. A detailed description
of the calculation of the lenticular forces is given in Appendix C.
The satellite chosen to be studied has the following dimensions: a 200-
foot radius of curvature and 267-foot reflecting diameter. The coating pat-
tern used is identical to that used in the spherical parametric study. A
sketch of the satellite configuration is shown in figure Z-55.
The lenticular-shaped satellite of course presents a varying cross-
sectional area to the sun. For purposes of estimating the maximum eccen-
tricity of the orbit, an average area-to-mass ratio has been used. The
average is assumed to be the average between the cases where the axis of
symmetry is normal and parallel to the sun line. By this process and as-
suming a satellite weight of 1500 pounds, an area-to-mass ratio of 25 square
feet per pound is obtained. This would place the maximum eccentricity be-
tween 20 and 50 percent higher than shown for the 300-foot, 1500-mile
spherical balloon.
Shown in figure 2.-55 is the deviation in semi-major axis per orbit as a
function of the inclination of the sun line to the orbital plane. As can be seen
by comparing this with the spherical data shown in figure 2-38 the curve is
of the same general shape as for the spherical case. Two general charac-
teristics of the curve are that the deviation in general tends to decrease with
increasing sun line inclination, but that an increasing deviation is superim-
posed on this pattern as the orbit emerges from the earth's shadow, thus
causing a peak at the point where the orbit emerges completely. The main
AEROSPACE DIVISION
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Figure 2-55. Semi-Major Axis Deviation for Lenticular Shape
difference between the spherical and lenticular cases appears to be a much
more pronounced decrease in control with increasing eccentricity.
The magnitude of the lenticular deviation is seen to be between 0.5 and
0.8 times the magnitude of the spherical case. Since the projected area of
the lenticule is approximately 0.6 of the sphere while the weight has been re-
duced from ?-000 to 1500 pounds, this indicates that the magnitude of the de-
viation is of the order expected from the differing area-to-mass ratios.
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The mobility envelope for the lenticular configuration is shown in figure
2-56. As can be expected from the semi-major axis deviations the maximum
mobility is relatively constant while the minimum mobility decreases sig-
nificantly for high inclination orbits. The slight offset toward retrograde
orbits is again due to the more slowly varying inclination to the sun line for
those orbital inclinations.
Manuever times are shown in figure 2-57. As can be seen thetimes are of
the same magnitude as some of the poorer spherical times. Numerical
values of all these quantities are included in table 2-20.
MAXIMUM
MINIMUM
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Figure 2-56. Mobility Enve.lope for Lenticular Satellite
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List of Symbols - The following symbols were used in this section.
b = Structural tube spacing, in.
B = Earth's field, gauss
d = Structural tube diameter, in.
Conductor density, lb/in. 3
D = Balloon diameter, in., ft.
E = Tension Modulus, psi
F.S. = Factor of Safety
f = Double thickness and thermal coating factor
g = Acceleration of gravity, in./sec 2, ft/sec 2
i, I = Coil current, amps
4
I = Area Moment of Inertia, in.
4
IT= Area Moment of Inertia of tube, in.
IAR = Required Area Moment of inertia per ft width for a material
4
weight of one echo II, in.
K = Power supply factor, lb/watt
Kb= Buckling constant
I_ = Factor for radius of curvature change
r
M = Bending moment, in./lb
N = Number of torque coil turns
n = Tube spacing, tubes/ft
Number of structural coil tubes per axis
p = Collapsing force, lb/in.
R = Balloon radius, in, ft.
Resistance, ohms
R = Radius of curvature of ellipse, in.
C
t = Sheet thickness, in.
T = Torque, in. /Ib, ft/ib
V = Voltage, volts
®
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w = Unit weight of thin sheet, Ib/in. 2
o
w = Weight ratio (number of times Echo II skin)
r
W = Concentrated weight at each of six locations on Satellite
o
6 = Tangential deflection, ins.
a = Angular acceleration, rad/sec. 2
N = Poisson's ratio
p = Resistivity
Maximum stress,o- = ps_
m ax
_b = Bending stress, psi
0- = Compressive stress, psi
c
O-cR = Critical buckling stress, psi
1779A 122 AEROSPACE DIVISION
3. PHASE II - FLIGHT EXPERIMENT
Me chanical
Vehicle Determination - This portion of the Phase II study is concerned with
the determination of general design parameters for a vehicle to be used in
an orbit position control flight experiment. As specified in the Statement of
Work, the flight experiment is to be compatible with the weight and volume
capabilities of the Echo II (A-12) canister and booster. The determination
of flight vehicle parameters consists of a comparison of the weight and
volume characteristics of the booster and canister with the weight and vol-
ume requirements for the satellite, as a function of diameter and area-to-
mass ratio, in order to ascertain the maximum satellite size which can be
conside re d.
The A-12 canister limits the total launch volume of the satellite to 13.8
cubic feet, and booster restrictions limit the total satellite launch weight to
618 pounds. Since both the total weight and the total volume consist of con-
tributions from the skin, structure, inflatant, and equipment, the allowable
equipment weight and volume can be found by subtracting the requirements
of skin, structure, and ir_latant from the total limitations. Since each of
these requirements is proportional to the square of satellite diameter, it is
possible to establish the relationship between satellite diameter and allow-
able equipment volume and weight. The left-hand side of figure 3-1 shows
a plot of allowable equipment volume versus satellite diameter for packing
factors of 3.00, 3.25, and 3.50. The packing factor in this case is a ratio
of required canister volume to the actual volume displaced by the satellite
and equipment to be packed within the canister. Packing factors shown are
considered realistic for satellites which incorporate a multiplicity of rigid
equipment packages. A factor of 2.96 was realized for the Echo II satellite,
which had only two such packages. Similar relationships exist between
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Figure 3-I. Vehicle Configuration Chart
equipment weight and satellite diameter as shown in the right-hand side of
figure 3-1, where the satellite diameter is plotted versus equipment weight
for various total weights and area-to-mass ratios. An area-to-mass ratio
(A/M) of 15.7 ftZ/ib corresponds to a Z00-foot diameter satellite weighing
Z000 pounds - the case assumed in the Phase I feasibility studies of mobility.
With a known equipment weight and volume, figure 3-I solves simultaneously
the total weight and volume requirements to yield the maximum allowable
diameter and A/M ratio.
Having determined the relationship of canister volume and total weight to
satellite diameter and A/M ratio, it remains to establish the volume and
weight of equipment required by the control system. Calculation of equipment
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weight and volume is complicated by the dependence of solar cell and shield-
ing requirements on the particle radiation environment, which is a function
of orbit altitude and inclination. An estimate of equipment requirements for
the control system, excluding solar cells and radiation shielding, indicates
a weight of 44 pounds and a volume of I. 06 cubic feet. A breakdown of the
fixed electronic weight and volume requirements based on a random failure
redundancy sufficient for a one-year life is given in table 3-1. Solar cells
and shielding are treated independently in the following paragraph.
Due to Van Allen belt particle radiation, the calculation of solar cell
weight and volume requirements for a one-year life must take into account
the effects of both redundancy and cover slide shielding. In Appendix E, it
has been shown that the combined weight of solar cells and cover slides
required for a one-year life in various radiation environments is a minimum
for a fused silica shield thickness of 25 mils. Therefore, it may be con-
cluded that the minimum weight for the flight experiment solar cell arrays
will occur at this cover slide thickness, and degradation of the solar cells
with time must be compensated for by the addition Of redundant solar cells.
With regard to redundancy, it has been shown (Westinghouse Report No. AA-
4325, Life Limitations for Semiconductors and Insulators Due to Radiation
in Space) that the useful life of N/P silicon solar cells is proportional to
0. O86 _P,
e where Ap is the allowable percentage decrease in total power.
Redundancy requirements at various altitudes and inclinations can be calcu-
lated (see Appendix E for sample computation) to yield the total weight and
volume of solar cells required as a function of satellite orbit.
The shielding requirements for electronic packages have also been calcu-
lated at various altitudes and inclinations. The method of computation is
similar to that shown in Appendix E, with the exception of radiation tolerance.
For a 1965 flight experiment a radiation tolerance of 22 x 1012 Mev/gram is
taken as a basis for the calculation of shield thickness. This tolerance is
representative of selected present-day semitonductor devices but is still
considerably below the I00 x I012 Mev/gram tolerance base assumed in the
parametric study for a 1968 operational satellite.
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The total weight and volume of equipment for any orbit condition is found
by adding the variable solar cell and electronics shielding to the basic equip-
ment requirements of 44 pounds and I. 06 cubic feet. The total weight and
volume requirements for a one-year life as a function of altitude and inclina-
tion are shown in figures 3-2 and 3-3 respectively.
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Figure 3-i. Equipment Weight vs Altitude and Inclination
When the calculated equipment requirements are applied to figure 3-I,
maximum satellite diameter and A/M ratio may be obtained for each altitude
and inclination. As can be seen from figure 3-I, the maximum satellite
diameter ranges from 96 feet, with an A/M ratio of 16.0 (corresponding to an
orbit of 500 miles altitude at a 90-degree inclination) to 78 feet, with an A/M
of 9.5 for an equatorial orbit at 2000 miles.
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Figure 3-3. Equipment Volume vs Altitude and Inclination
The variation of maximum satellite diameter with altitude and inclination
is shown in figure 3-4. Figure 3-5 indicates the relative mobility obtainable
with various orbits by plotting maximum A/M ratio versus altitude and in-
clination.
The conclusions which can be drawn from this evaluation are:
a. A flight experiment vehicle with a diameter of 80 to 95 feet is
feasible.
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Figure 3-4. Maximum Satellite Diameter vs Altitude and Inclination
b. Canister volume is the limiting factor in the determination of
satellite diameter.
c. All desired control electronics can be included in the flight experi-
ment vehicle for a one-year life.
d. Area-to-mass ratios for the experimental Vehicle will approximate
those studied in Phase I. (A Z00-foot diameter satellite weighing 2-000
pounds. )
Mechanical Design and Arrangement - Mechanical design and arrangement
concepts for the preliminary design of a flight vehicle are specific applica-
tions of the results of the parametric study. To facilitate discussion of these
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Figure 3-5. Maximum Attainable A/M Ratio vs Altitude and Inclination
design concepts as they pertain to the flight experiment, mechanical equip-
ment is broken down into three categories. The first category is satellite
structure including the skin, stiffening tubes, load rings, load patches, end
caps, inflatant, skin coatings, and thermal shields. The second category
is composed of individual components such as batteries, solar cells, torque
coils, antenna, interconnections, sun sensors, and magnetometers. Pack-
aged electronic equipment is discussed under the third category and includes
such items as the receiver, memory unit, clock, D-A converter, multiplier
circuits, damping logic, power amplifiers, and transmitters.
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Structure - The vehicle determination portion of this report reveals that the
flight experiment is limited to diameters of 96 feet or less by the Echo II
A-12 canister volume. Control and mobility considerations indicate the
desirability of a 45-degree orbit inclination. For these reasons, a 90-foot
diameter satellite operating at 1500 statute miles and 45 degrees inclination
will be used in this discussion. This 90-foot diameter satellite would be
constructed of 7Z gore sections approximately 4-feet wide fabricated from
0. 0008-inch thick Echo II laminate material. End caps similar to those used
for Echo II are required at the two gore-end intersection points to avoid stress
concentration and folding problems caused by the convergence of gore seam
sealing tapes. As discussed in the parametric study, skin reinforcing struc-
ture is to consist of stiffening tubes bonded to the inner surface of the satel-
lite skin in an orthogonal pattern, similar to lines of longitude and latitude,
with a maximum grid spacing of 24 feet by 24 feet. Longitudinal tubes would
thus be located at the seam of every sixth gore. The most desirable stiffen-
ing tube diameter for a 100-foot satellite is shown in the parametric study
to be 0.50 inch. Since smaller tube diameters create an inflatant problem,
it is reasonable to assume the use of 0.50-inch diameter tubes for the 90-
foot flight experiment. Stiffening tubes for the support of torque coils and
electrical equipment form three orthogonal great circle belts which intersect
at six load rings. The number of 0.50-inch diameter tubes required in each
belt may be computed from the parametric study structural design charts to
be one tube per belt. To facilitate the mounting of equipment packages on
this belt, it is advantageous to provide two additional tubes per belt or a total
of three. This adds less than two pounds to the total weight of the satellite.
The tubes would be spaced 9 inches apart, resulting in a total belt width of
18 inches. Stiffening tube belts, skin reinforcement tubes, and load rings
are shown diagrammatically in figure 3-6. The load ring proposed at each belt
intersection consists of a 0.50-inch tube approximately 4 feet in diameter.
The function of this ring is to preserve the structural integrity of the stiffen-
ing tube belt and eliminate a point of crossover of two belts.
131 1779A
AEROSPACE DIVISION " '
SAFETY VALVE TO LIMIT
PRESSURE TO PREVENT
TUBE RUPTURE
I
E
/
INFLATANT FOR
TuBE S
ELECTRONIC
EQUIPMENT MOUNTING
I _AREAS
INFLATANT DEPLOYMENT SWITCH
FDISPENSES INFLATANT TO TUBES-_
L_AFTER MAIN BALLOON INFLATION .__
STRUCTURE
/
SATELLITE
1651A-VA-I
Figure 3-6. Structural Concept
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The inflatant for skin reinforcing tubes, load rings, and torque coil sup-
port tubes is chosen as methylene chloride, based on discussions included
in the parametric study portion of this report. This liquid is to be stored in
six inflatant rings, each connected to one of the six load rings as shown in
figure 3-6. The inflatant ring is to be approximately IZ inches in diameter
and will be fabricated from rigid, thin-wall aluminum tubing with a cross-
sectional diameter of 0.75 inch. Diaphragm seals retain the inflatant until
satellite deployment, at which time the battery-powered heating' elements
would be activated to rupture the diaphragm. A typical inflatant ring is shown
in figure 3-7. Pressure relief valves set at approximately 5 psia would be
mounted on the inflatant rings to preclude rupture of the stiffening tubes due
to overpressure if the satellite temperature exceeds the inflatant design
point of 100°F corresponding to a 3500 psi skin stress.
Several subliming solids are suitable for the inflation of the overall satel-
lite. One such inflatant is acetamide. For a 90-foot diameter satellite,
approximately 23 pounds of acetamide would be required. At a density of
72.5 pounds per cubic foot, the inflatant occupies a volume of 0.32 cubic foot.
The inflatant would be contained in bags sealed with a low melting point wax
and attached to the satellite skin in various locations. This method is identi-
cal to that already proven successful for the Echo II satellite.
As previously mentioned, end caps of Echo II laminate are required at the
gore end intersection points. Satellite geometry and fabrication indicate that
it is advantageous to locate two of the six equipment load points at these end
caps. Much of the stiffening structure, interconnections, inflatant ring, and
equipment packages can be attached to the end cap before it is seamed to the
gores. It is considered equally advantageous to use such a prefabricated end
cap for each of the six load points. The end cap, as shown in figure 3-6,
would be slightly over four feet in diameter to accommodate the four-foot
load ring.
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Figure 3-7. Brazed Aluminum Inflatant Ring
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The Echo II satellite incorporated reinforced areas or load patches to
enable beacons and solar cell loads to be carried by the skin with minimal
stress concentration. As previously mentioned, the six load-carrying end
caps will act as load patches for the 90-foot flight experiment satellite. Ad-
ditional reinforcing may be required where stiffening tubes are bonded to the
skin. The design of reinforcement patches can be similar to those used for
the Echo II satellite; however, detail design would be determined by develop-
ment tests.
To minimize radiative heat transfer to the adjacent skin, multilayer
radiation heat shields are anticipated under all equipment packages. As
shown in figure 3-8a, these shields would be constructed of skin laminate or
thinner material and would consist of I0 or more layers of material initially
compressed for minimum launch volume. The bottom layer of the shield is
cemented to the equipment package and the top layer to the satellite skin so
that the inflation of the structural tubes automatically causes the thermal
shields to expand, as shown in figure 3-8b.
Individual Components - The power supply subsystem, as mentioned in the
parametric study paragraphs, consists of both NP silicon solar cells and
sealed silver oxide-cadmium batteries. The weight of batteries required for
the flight experiment is estimated to be Z. 0 pounds. A random failure re-
dundancy of 3 raises the total battery weight to 6 pounds. The battery re-
quirements can be met by 12 half-pound cells or 3 battery packages, each
weighing 2.0 pounds. Since the batteries are expected to present a low tem-
perature problem, the Z. 0-pound configuration with its lower area/mass
ratio may be preferred, as it requires less resistance heating to maintain
acceptable temperatures. Batteries, as well as all electronic packages, will
be mounted on erectable stiffening tubes and, as previously mentioned, will
be insulated from the temperature extremes of the skin by thermal radiation
shields.
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Figure 3-8. Electronic Package Details
NP silicon solar cells have been selected for the flight experiment power
supply. As discussed in Appendix E, these cells must be covered with Z5 mils
of fused silica for protection against Van Allen belt radiation and would be
mounted on a 40-rail aluminum backing, resulting in a total weight of 1 pound
per square foot. The solar cell panels are bonded to the satellite skin in six
arrays at the six load rings (see parametric study for justification of this
distribution). For a 90-foot diameter satellite, the total weight of solar cell
required is 115 pounds. Since folding limitations will restrict the size of a
solar cell panel to roughly one square foot, there would be approximately Z0
such panels at each load ring. Local thermal coatings applied to the inner
surface of the satellite skin in the vicinity of solar cell mounting points will
assure cell temperatures that are within acceptable limits.
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Torque coils are arranged in three orthogonal belts parallel to the great
circle stiffening tubes. While it would be desirable both structurally and
from the standpoint of total weight to utilize the stiffening tubes as torque
coils, the complexity of such integration appears to override the small weight
advantage. Section 2 shows that for minimum weight, the coils should be
constructed of aluminum conductors. The most feasible torque coil configura-
tion is an aluminum foil and insulation laminate which is bonded to the skin
under the stiffening tube belt. For ease of fabrication, the stiffening tube belt
can be precemented to the torque coil tape, thus allowing simultaneous ap-
plication of torque coils and tubes to the satellite skin. In the case of a 90-
foot diameter satellite at an altitude of 1500 statute miles and an inclination
of 45 degrees, the required coil weight is found by the relationship derived
in Appendix F to be 1. 15 pounds per axis. If a 12-volt system with a torque
coil configuration as shown in figure 3-9 is employed, each coil of the flight
experiment satellite requires 14 turns of 0.40-inch wide conductor carrying
a current of 60 milliamps. In order to provide redundant protection against
breakage or failure, the 0.40-inch width can be divided into four parallel
conductors, each 0. 10-inchwide.
_ O.OOO5 INCH MYLAR
--t-
-- 0.0005 INCH ALUMINUM
--t-
0.0005 INCH MYLAR
O.OO15 INCH TOTAL
1779A-VB-6
Figure 3-9. Coil Configuration
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The satellite will require antennas for both receiving and transmitting.
The receiving antenna can take the form of a Z-inch diameter printed circuit
spiral disc. To assure a continuous communication link, a spiral antenna
would be located at each of the six load rings. A Z0-inch long quarter-wave
transmitting antenna is required for each of the two transmitters.
It has been shown previously that aluminum is the best conductor material
from a weight standpoint; however, the fabrication of high quality, electrically
conductive joints is of concern. Laser and ultrasonic welding techniques
must be employed to make the use of aluminum feasible for flight experiment
interconnections. The 0. 0005-inch conductor thickness assumed for the
torque coils should also be suitable for the various unit interconnections re-
quired. The interconnection tapes can be bonded to the satellite skin to avoid
tangling and stressing of interconnections during folding, deployment, and
torquing. The weight of interconnection required for the 90-foot satellite is
estimated to be 7 pounds.
Digital sun sensors are required at each of the satellite's six load rings.
Each sun sensor consists of a thin aluminum "pine cone" frame forming chan-
nels for the sunlight to enter with a photocell at the bottom of each channel.
A signal from one of the photocells indicates the relative position of the sun.
Each sensor will be approximately a 4-inch cube and will weigh one pound.
Maintaining the alignment and position of each sensor relative to the satellite
within an estimated 5-degree tolerance is a problem which will require further
study and test. One mounting scheme considered for the flight experiment is
the use of the rigid inflatant rings as bases for mounting the sun sensors.
Since the inflatant ring is supported in two axes by the stiffening tube belt, it
would provide a relatively accurate and stable mounting platform for the sen-
sor.
Magnetometers are required at three of the six load rings. Each magnetom-
eter consists of a 3-inch long probe surrounded by compensating coils. The
unit may be encapsulated to form a 3-inch cubic package with an approximate
1779A 138
AEROSPACE DIVISION
weight of Z pounds. Like the sun sensor, each magnetometer must be held
in close alignment with the satellite. Their shape and relatively large mass
will require devising a method of transferring the inertia load of the magnetom-
eter to a suitably large portion of the structure. Mounting the magnetom-
eter inside the satellite skin on the inflatant rings may prove to be the best
method of maintaining alignment and structural integrity. See figure 3-7 for
a sample construction technique.
Electronic Packages - The application of electronic equipment to an inflatable
satellite can best be accomplished by utilizing a number of small flat pack-
ages. Canister size and folding requirements restrict the maximum dimen-
sions of equipment packages to approximately an 18-inch square. The load-
carrying ability of the satellite structure during inflation and attitude correc-
tion dictates a maximum single package weight.
The electronic packages will consist of combinations of conventional com-
ponents and molecular integrated circuitry. Where possible, integrated cir-
cuit blocks will be used due to their high reliability and relatively low volume
requirements. As shown in figure 3-8, these components will be mounted on
a printed circuit board and encapsulated in rigid polyurethane foam for struc-
tural support and environmental protection during launch vibration and after
deployment in space. The foamed package is enclosed in an aluminum radia-
tion shield for protection from Van Allen and solar flare particles. Using a
radiation tolerance of 2Z x I0 IZ Mev/gram, the thickness of aluminum radia-
tion shielding required for all electronic packages at 1500 statute miles and
45 degrees inclination as calculated by the methods in Appendix E is 85 mils.
This radiation shielding and the foam encapsulation is shown in Appendix G,
to provide adequate protection against meteoroid damage in all cases. It
has been shown that component temperatures in such a package can be main-
tained within acceptable limits by varying the thermal radiation coupling be-
tween the satellite and the package. Packages which present a thermal prob-
lem due to extremes of power dissipation will require special consideration
and are so noted in the following descriptions.
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Electronic equipment for the flight experiment will be located in six equal
masses at the stiffening tube intersections. Such a satellite has been shown
to have the same moment of inertia for rotation about any axis. This con-
figuration does not utilize gravity gradient forces which could be obtained by
concentrating the equipment at opposite ends of a diameter; however, the
magnitude of the gravity gradient torque which could be obtained is minimal
due to the relatively large mass of the satellite skin as compared to the mass
of the concentrated electronic equipment.
The orbit position control flight experiment requires one receiver. Since
all commands received by the satellite must pass through a decoder, this
function can be included in the receiver package. It is estimated that the
receiver-decoder package will be 6 inches square by 1 inch thick and weigh
one pound. The receiver consists of 10 RF transformers, 13 inductors, 1
ceramic filter, 2 crystals, and 4 integrated microelectronic flat packs. The
decoder is composed of 3 flat packs. Aluminum shielding for protection
against particle radiation must be added to the receiver package and will weigh
0.8 pound.
One ferrite core memory with a capacity of 189,000 bits will be sufficient
for the one-year life of the flight experiment. The memory will require 16
sense amplifiers and 16 drivers for a total of 16 inductors, 3Z trim pots, and
40 flat packs. In order to eliminate a multitude of external interconnections,
the memory cores and all associated drivers and amplifiers can be foam en-
capsulated in a single package 18 inches square by 1.5 inches thick, weighing
two pounds. An additional 0. 085-inch aluminum radiation shield is required.
Since the wattage dissipated in this package is very low, additional resistance
heating will be necessary.
The reference clock consists of Z coils, 1 crystal, and 7 flat packs. One
clock is sufficient for the one-year flight experiment. The package size re-
quired for the clock is estimated at 6 inches square by 1.5 inches thick. The
basic weight of the clock unit is 1 pound. Shielding requirements impose an
additional weight penalty of 0.9 pound.
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One digital-to-analog converter is required by the satellite. The D-A
converter consists of 10 fiat packs in a 4-inch square by 1-inch thick volume.
The weight of the unit is estimated at 0.5 pound excluding the aluminum shield-
ing for particle radiation.
The multiplier circuits are composed of 118 integrated microelectronic
flat packs. These circuits can be packaged in a unit 10 inches by 12 inches
by 1-inch thick with a weight of 3 pounds. A redundant multiplier unit is re-
quired, bringing the total weight to 6 pounds. Radiation shielding for 1500
statute miles and 45 degrees inclination adds 2.4 pounds per package. To
eliminate excessive interconnections, the two packages should be mounted on
the same load ring.
A damping logic unit containing 39 flat packs is required. This unit can
be packaged in a volume 8 inches square by 1-inch thick weighing 1.8 pounds.
Particle radiation shielding raises the total weight to 3. 1 pounds.
A power amplifier is required for each of the three torque coils. Each
power amplifier can be packaged as a 2-inch by 3-inch by 4-inch unit with a
weight of one pound. The exact method for coping with the high heat dissipa-
tion of the power amplifier packages requires further study which could result
in a change in packaging technique to provide increased surface area for heat
transfer. A 0. 085-inch radiation shield is required for the power amplifiers.
The satellite will contain two transmitters or beacons for locating and
tracking. This equipment can also be used to transmit pressure, tempera-
ture, and skin stress information back to the ground station. Each of these
beacons is estimated as a 6-inch square by 1-inch thick package weighing one
pound. They will require radiation shielding of 0.8 pound per beacon.
The power supply regulator is estimated to weigh 2 pounds with an ap-
proximate size of 12 inches square by 1-inch thick. The regulator is con-
sidered to be a mixture of conventional and solid state components. An addi-
tional 2.9 pounds of shielding will be required.
Fabrication Requirements - The techniques proposed herein for fabricating
an orbit position control flight experiment satellite are in general very
similar to those used in the construction of the Echo satellites. Since the
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material and basic configuration of the OPC satellite are the same as those
of the Echo II satellite, techniques for cutting and forming gore sections and
end caps within specified tolerances are already established. Methods of
bonding and seaming the aluminum-mylar laminate developed for the Echo
satellites will be directly applicable to the OPC satellite. Folding and in-
stallation into the canister are areas of fabrication in which Echo satellite
techniques will closely parallel those required for an OPC satellite. However,
due to the unique structure and equipment required by the OPC satellite, cer-
tain fabrication requirements exist which were not encountered in the con-
struction of the Echo satellites. The following paragraphs of this report
discusses those areas of fabrication which are pertinent only to the OPC
satellite and which will require special consideration.
The basic structural difference between the OPC satellite flight experi-
mental and previous Echo satellites is the addition of skin reinforcement tubes
and load carrying tube belts. The first new fabrication technique required,
therefore, involves the forming of 0.50-inch diameter stiffening tubes from
0. 0008-inch aluminum-mylar laminate material. The tubes will probably be
formed by lap seaming a long flat strip of laminate into a circular shape. It
is important that a uniform circular tube cross-section be maintained since
cross-section irregularities will result in unequal inflation stresses and in-
consistent rigidity under bending stress. After the tubes have been formed,
they can be folded flat and wound into a roll, forming a continuous tape. Since
stiffening tubes run both parallel and perpendicular to gore seams, the tubes
must be bonded to the skin as fabrication and folding progresses. The roll or
continuous tape concept simplifies the handling of stiffening tubes during this
stage of satellite fabrication. When bonding the tube tapes into place on the
satellite skin, adhesive must be applied carefully in a narrow width to allow
the tube to erect into a near circular shape so that the theoretical resistance
to bending for which it was designed can be approached. Wide or varying
application of adhesive can distort the inflated shape of the stiffening tubes as
shown in figure 3-I0.
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Figure 3-I0. a. Narrow Adhesive Application b. Structural
Adhesive Application c. Wide Adhesive Application
Causing Reduced Bending Resistance d. Varying
Application Causing Tube Offset
Since stiffening tube belts parallel torque coils, the attachment of torque
coils can be simplified by first bonding a folded stiffening tube to a strip of
flexible circuitry. A stiffening tube-torque coil tape can thus be formed,
allowing simultaneous application of tubes and torque coils to the satellite.
Such a configuration is shown in figure 3-1 I.
New techniques will be required for producing a gas-tight seal at the junc-
tures of stiffening tubes in a manner which does not reduce the structural
effectiveness of the tubes.
From the above discussion it can be seen that, in general, the fabrication
process consists of making a gore seam, attaching the orthogonal tube tapes,
folding, making the next gore seam, etc. During this process, gores con-
taining load rings and equipment packages will be encountered. As described
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Figure 3-11. Stiffening Tube-Torque Coil Tape
in the Mechanical Arrangement Section, load rings and their associated equip-
ment are not attached directly to the satellite skin, but are mounted on a
load patch. To facilitate the fabrication process and reduce the likelihood of
damaging the main skin of the satellite during attachment of packages, tubes,
and load rings, it seems feasible to prefabricate a load patch containing the
equipment packages, thermal shielding, load ring, inflatant ring, and the
necessaryinterconnections. The complete assembly can then be bonded in
place on a satellite gore, leaving only tube and conductor connections to be
made.
One significant problem area is the handling of satellite skin and attached
equipment during fabrication and folding. The Echo skin, structure, and
equipment attachments which are required to withstand only the very small
accelerations experienced during space operation will not be capable of sup-
2
porting the concentrated loading due to packages under the 3Z ft/sec gravita-
tional acceleration on the Earth's surface. Special means of handling the
partially fabricated satellite will be required to avoid damage to the skin and
structure.
The interconnections, as previously discussed, will consist of tapes having
a 0. 0005-inch aluminum foil conductor insulated on both sides by 0. 0005-inch
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mylar. These tapes will be cemented to the inside of the skin during satel-
lite fabrication to prevent tangling. Provisions must be made for the joining
of interconnections to packages and to other interconnection tapes using laser
or ultrasonic welding devices. Lengthy interconnection tapes will require
expansion loops at regular intervals to avoid stressing the interconnection or
its terminations during folding, inflation, or distortion resulting from torqu-
ing loads. During the fabrication-folding process, a method of testing in-
terconnections for both error and breakage will be essential.
As was the case for the Echo satellites, the OPC satellite must be evacu-
ated to allow final folding and canister installation. The rigid packages of the
OPC satellite will, however, add to the problem of evacuation by increasing
the volume of entrapped air at locations where the skin must fold over or
around corners.
Areas Requirin$ Further Study - The preliminary structural design, equip-
ment arrangement, and fabrication requirements of a flight experiment have
been presented in the preceding paragraphs of this report. Specific areas
exist, however, where additional study is required to establish design details
or choose between acceptable alternatives. Results of analytical work in
areas of structural design should be verified by the fabrication and testing of
models. Specific areas requiring further mechanical evaluation are outlined
below and other areas undoubtedly will evolve as the program is pursued.
In the fabrication of an OPC satellite, problem areas include handling,
folding, and evacuation of the satellite subsequent to its installation into the
canister. As previously mentioned, the gravitational acceleration at the
earth's surface necessitates the development of special handling techniques
to avoid damage to satellite skin and structure, or breakage of wiring and
wire terminations by the relatively heavy equipment packages. Overall fold-
ing concepts similar to those successfully used for Echo I and II satellites
can be employed. However, the addition of equipment packages, concentrated
in six major areas, will require more detailed evaluation of local folding
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effects such as air entrapment, damage to interconnecting wiring, skin, and
structure. Correlation of folding techniques and resultant inflation stresses
should be more definitely established. Since unusable volume in the OPC
canister is expected to exceed that of the Echo satellites, a more stringent
evacuation requirement must be imposed to avoid high velocity deployment of
the satellite by the residual air which could cause rupture.
Structural capabilities of the inflated stiffening tubes must be verified by
a program of model testing, and a similar test effort is required to evaluate
the structural properties of various types of tube joints and crossovers.
Another area of uncertainty which requires testing is the sphericity obtainable
for an inflated satellite with concentrated loads. As mentioned, inflation
velocity, which is a function of the amount of residual air in the folded satel-
lite, should be analyzed in more detail to establish the relationship between
evacuation pressure and inflation stress in the satellite structure. The detail
design of load patches and detailed package mounting techniques will also re-
quire further structural consideration.
With regard to the design of equipment packages, the requirements for
adequate thermal control, including amount of resistance heating, design of
thermal shielding, interfaces, internal insulation, and area-mass ratio must
be established for each package. The need for preflight test or checkout of
the equipment should be determined and possible methods of accomplishing
this should be investigated. The alignment requirements and mounting details
of sun sensors and magnetometers should be more precisely defined and eval-
uated.
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Flight Experiment - Control System
Sensors - Three axis control is possible having two reference vectors avail-
able. In the OPC control system the sunline vector (S ) and the magnetic
X, y, Z
field vector (B z ) provide these references. S S , and S are measured
x, y, x' y z
by six sun sensor heads placed on each of the six major axis poles of the
vehicle (see figure 3-12). B , B , and B are measured by three magnetom-
x y z
eter probes each placed along a vehicle axis.
SUN SENSOR (QTY =6 )
3METER PROBE
(QTY:3)
O •
1779A-VB-45
Figure 3-1Z. Sensor Locations
Sun Sensor - A sun sensor head consists of an aluminum inner housing, con-
taining the sensor electronics and having the solar cells mounted (or plated)
on it. A set of black anodized aluminum leaves, shaped as truncated cones,
are mounted as shown in figure 3-13 to restrict the angle seen by each cell.
147
1 779A
AEROSPACE DIVISION
OUTERSHI
OPAQUE
AREAS
=I.625-1NCH OUTER
DIAMETER
TOP VIEW
OF SENSOR
MOUNT
I 779A-VA-7
Figure 3-13. Sun Sensor Head
An outer slotted shell further restricts the angle seen by each cell to an
angular spread corresponding to a direction cosine spread of 0. 1 degree
(see figure 3-13). The leaf angle a away from the base is
cL = sin 1 n
where n is the leaf number counting from the base and 14 is the total number
of leaves. For small elevations the leaf angle is about 4 degrees. Figure
3-14 illustrates the overiapping techniques that give ±1. 667 percent accuracy
of direction cosine readout. Since all sensors are reading simultaneously,
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Figure 3-14. Overlapping of Cells Fields-of-View
the directional accuracy of the resultant vector with respect to a body axis
is ±0. 955 degree.
The accompanying electronics has the function of assigning to each cell
and combination of adjacent cells the correct output voltage proportional to
a direction cosine value between 0 and 1 in equal steps. (A complementary
head viewing the hemisphere on the opposite side of the vehicle is assigned
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a voltage proportional to direction cosine values between 0 and -I.) Figure
3-15 shows a typical circuit which would accomplish this function. This circuit
uses the solar cells in a photoresistive fashion. Thus, whenever light strikes
the cell, the first transistor switch is cut off and the voltage on its output
rises to avalue which activates the subsequent logic circuitry. The output
resistance networks are set to give the proper voltage level in each case.
This voltage is then fed into a summing amplifier at the required level. This
type of repetitive network circuit can be adapted to thin film or molecular
electronic techniques to provide a compact sensor package.
The advantages of this type of sensor are as follows:
a. The direction cosine readout is directly usable for input to the con-
trol system
b. Partial failure of some components does not produce catastrophic
failure of the system but only a degraded accuracy in some regions
c. The digital nature of the device prevents degradation due to life
and radiation
d. All sensors are identical
e. The size and weight are small
f. The sensor is insensitive to earthshine
g. The relatively large cell area and protective fins minimize failure
due to erosion (sandblast effect}
h. Since the sum of squares of all sensor head outputs must equal that
voltage proportional to l, a simple failure indicator is available
To obtain a figure for probability of success for 1 year for the sun sensor
system, the following analysis is made:
Solar sensing cells -
)t = Failure rate = 0. 001 percent per I000 hrs = 0. 000088 per year
-At -0. 000088
P = e --e = 0. 999912
The probability that 13 of the 15 cells will operate for i year is
15 14
P = (0. 999912) + 15 (0.999912) (0.000088} = 0.999998
1 779A 150
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Figure 3-15. Solar Sensor Logic Circuit
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The probability that all 6 sensor heads will operate 1 year is
P = (0.999998) 6 = 0. 999988
Associated electronics -
X = Failure rate of a functional electronic block
= 0.00088 per year
The probability that 18 (3 per sensing head) will operate for I year is
(-0.00088)18 = 0.9842
e
Thus, total probability of success for 1 year is (0.9842.) (0.9999) = 0.984.
It can be seen that the electronics involved is the factor reducing reliability.
A dual set of electronics can be used. The probability that one of the two
sets of electronics will operate for 1 year is 2. P-P2. = 0.99941 for a total
probability of success of 0. 9994.
The power used by 1 sensor head would be 0.30 watt for cells and logic
circuits plus 0. 05 watt for the summing amplifier. With electronics redun-
dancy, this gives 0. 7 watt per head. Six heads at 0. 7 watt per head gives a
total power required of 4.2 watts.
The volume of a sensor head is expected to be about 1. 8 cubic inches, for
a total of 10.8 in. 3 The total weight of 6 sensor heads is 0. 5 pound. The
digital approach used in which each cell is required to give only an "on-off"
output, gives long life stability to the performance of the sensor.
An alternate approach, however, could result in the development of a
much simpler "fiat-plate" sensor. Since the output voltage of a solar cell is
roughly proportional to the amount of light received (over a range), it can be
seen that a flat cell would give a direct reading proportional to the direction
cosine of the unit sun vector. This is because as the angle between the sun-
line and the vector normal to the flat cell varies from 0 to 90 degrees, the
amount of light flux striking the flat plate decreases as a function of the co-
sine of that angle. Since the sum of the squares of 3 orthogonal sensor out-
puts must equal a voltage proportional to 1, a feedback amplifier could be
used to maintain proper output proportions if all ceils degrade at the same
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rate with time. Since it is probable that this rate will not be the same (due
to different exposures to radiation, etc), it is not expected that this type of
sensor will be adequate over extended periods.
An alternate type of digital sun aspect sensor which could be used in this
application is the Adcole digital solar aspect system, an off-the-shelf sen-
sor. However, additional D-A conversion would be necessary to develop
the control system input, and the additional electronics would probably produce
a lower reliability than the sensor with direction cosine readout described
above.
Magnetometer - Three-axis magnetometers (see figure 3-16) have been
successfully used in numerous satellites and have undergone considerable
refinement. Those now available are adequate in terms of required accuracy,
sensing range, size, weight, and power required. Further development along
the lines of microminiaturization is imminent.
Victor three-axis satellite magnetometer.
A typical unit is the Dalmo-
TfB
PROBE AMPLIFIERHARMONIC DETECTOR AMPLIFIER I oV°
4KC REF
I 4-KC l-_ POWER 1._ FREQUENCY H 2-KCOSCILLATOR STAGE DIVIDER POWER STAGE
17 79A-- VB-- 49
Figure 3-16. Block Diagram of Magnetometer
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The fact that coils are being used to control satellite attitude suggests that
some form of compensation would be necessary for the probes to obtain
accurate readings of the earth's magnetic field. It is shown in the following
calculation that at the suggested sensor probe locations the field due to the
coils is insignificantly small, and no compensating coils are necessary.
For the 90-foot-diameter balloon at 1500 mi, 45-degree inclination, the
maximum NI (amp turns) necessary to obtain the largest required torque
-4(0.01 newton meter) in the 10 weber per square meter environment is
T
NI =--
BA
0.01
(0. Z x 10 -4) _ (13.7) z
B
C
= 0. 848 amp turn
at the probe location due to the affecting coil is
u NI - 7)o (4 _ x 10 (0. 848)
B -
c 4(13.7) J2
4r
-8 weber
1. 37 x 10
M 2
r
= 0. 137 x I0
= radius
-3
gauss
= 13.7 meters
-7 weber
u =4_x I0
o ampere
Since the magnetic field of the earth at this altitude is about 0.2 gauss, the
0. 137 x 10 -3 gauss caused by the control coil is relatively insignificant. The
other two coils will pass closer to the sensor probe. These coils will be
routed around each side of the nodal platform (about 3 feet away from the probe
on either sidel with equal current flowing in each path. The magnetic field in
the vicinity of the probe due to the coils passing near that probe will then
cancel. The remaining magnetic disturbance would be that due to the solar
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cell arrays and sun sensors. Careful design, placement, and shielding
should render these effects insignificant.
Reliability of the magnetometer for 1 year is presently estimated at 0.96.
Increasing emphasis in this area on design and component selection and
continuing flight experience should improve this figure considerably for the
future. The electronics being the primary cause of failure suggests the use
of redundancy here also. The probability that 1 of 2 sets of electronics will
work is 2 p_p2 = I.92 - 0. 921 = 0. 9990.
Specifications for the Dalmo-Victor unit include a required input power
of 35 ma at +12 volts, 12 ma -12 volts for 1 unit. With redundancy, the re-
quired power is about 1.3 watts. The output can be scaled as required
and would be ±I0 volts dc relative to ground for a range of 0 to ±25,000 y.
An accuracy of 1 percent of full scale, independent of temperature variation
of the probe over a+45 ° to -60°C range, and of electronics over a +60 ° to
-Z0°C range is quoted. Linearity is 0. 1 percent of full scale. Drift at con-
stant temperature is less than O. Z percent of full scale.
Coil Current Computing Electronics - Figure 3-17 is a block diagram of
the control system as simulated on the analog computer during the parametric
study and for the flight experiment simulation. The dashed line additions
are the circuits which would normalize the magnetic field vector magnitude
as discussed in the parametric study analysis. Also discussed was the
@z zpossibility of removing the calculation of 23 + a13 and its division into a23
to obtain the error vector component E (2 squaring circuits, 1 summing
z
amplifier, 1 square root, and 1 divider may be removed). This would have
some simplifying effect upon the system, especially since this is the only
square root circuit called for in the system. There are a total of 41 multi-
pliers, 6 dividers, 5 squaring circuits, 3 damping circuits, 1 initial orienta-
tion logic circuit, 1 square root circuit, and 20 signal level amplifiers.
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Incorporation of the two changes discussed would effectively add 2 dividers
(assuming a square circuit equal in complexity to a square root circuit}.
A further breakdown of these individual circuits is shown in figure 3-18.
The Westinghouse Solid State Systems Group (Aerospace Division} has the
present capability to microminiaturize these circuits. Present signal level
amplifiers can be made with at least two amplifiers to a functional electronic
block (FEB}. A conservative estimate for multipliers and dividers is two
FEB each. Squaring and square root circuits can be contained on one FEB
each. The initial orientation logic can be built on one FEB, and the damping
circuits can be contained on three FEB each. Table 3-2 gives a power,
volume, and weight breakdown by components of the coil current computer.
Total power used for 1 coil current computer is 12.68 watts. For the
necessary redundance a total of 25.4 watts is required. To obtain a proba-
bility of success of 0. 9927 for 1 year, the system has been broken into areas
which can be readily interconnected for redundancy. Areas A, B, and C
(defined in figure 3-171 are taken together, D and E are taken together, and
F and G are taken together {see Subsystem Reliability Calculations table).
Power Amplifiers - Because of the relatively small diameter balloon chosen
for the flight experiment, the coil currents required for control are small.
The maximum required magnetomotive force to maintain satellite attitude
control is about 0.85 ampere turns per axis. To generate this a coil con-
taining 14 turns has been designed (see coil design section for details}, and
it is required that the power amplifier supply a maximum current of 0. 061
amps. With a 12-volt system (and maximum working voltage of 10v), this
gives a power dissipation in the coils of 0.61 watt/coil.
Since two coils can have maximum current simultaneously, a total of
I. 22 watts maximum is obtained. Figure 3-19 is a typical circuit which the
Westinghouse Molecular Division is capable of producing and which will
easily handle these power requirements. The efficiency of such an amplifier
is about 30 percent for large outputs and less for smaller outputs, which
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TABLE 3- P
COIL CURRENT COMPUTER ELECTRONICS BREAKDOWN
(Power, Volume, Weight)
Power (Watts) No. of FEB
Multiplier and Divider
2 Diode Networks @ 0.015 = 0.030
3 Signal Amplifiers @ 0. 050 = 0. 150
34 @ 0. 180 = 6.12
1
34© 2
102
Multiplie r
2 Diode Networks @ 0.015 = 0.030
4 Signal AmplifiersC 0.050 = 0.200
13 © 0. 230 = 2.99
,quare and Square Root Circuits
13@
1
2
5= 39
I Diode Network @
I Signal Amplifier @
0.015 = 0.015
0.050 = 0.05
6@ 0.065 =0.39 60
i/z
i/z
6
Damping Circuits
20 Schmidt ckts @ 0.030 = 0.600
2 Signal Amplifiers_0. 050 = 0. I00
3 @ 0.700 = 2. I
Initial Orientation
3@
2
1
3= 9
1 Signal Amplifier @ 0. 050 = 0. 050
@ 0.030 = 0.030
1 @ 0. 080 = 0. 080
Summing Amplifier s
20 Signal Amplifiers 0. 050 =
Total
2- 1 Redundancy
Volume :
i/z
l/_2
1@ 1=
I. 0 20 @ 1/2 =
12.68
25.4 watts
1 FEB = 0.37 inch x 0.37 inch x 0.04 inch = 0. 00548 in.
167@ 0. 00548 = 0. 915 in. 3
3
2-I Redundancy 1. 83 in. 3
Interconnection and Packaging Z. Z in. 3
4. 0 in.
10
167
Weight:
4 in. 3 x O- 087 lb/in. 3 = O. 35 lb.
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THE WESTINGHWSE WM FUNCTIONAL ELECTRONIC BLOCK AMPLIFIER IS A SILICON 
INTEGRATED CIRCUIT FUNCTIONING AS A HIGH GAIN POWER AMPLIFIER OPERABLE 
FROM DC TO 100 KILOCYCLES. TYPCAL APPLICATIONS INCLUDE BUD0 FREQUENCY 
PCIWFR AMPLIFICATION IN EITHER CLASS A OR CLASS B OPERATION AT OUTPUT -. - 
LEVELS UP TO 3 5 WATTS PER UNIT 
1779A-PB-51 
F i g u r e  3- 19. P o w e r  Amplifier 
gives an average  power diss ipated in  the ampl i f ie r  itself of about 1 .  4 2  watts 
o r  4 .  26 watts total  for  3 ampl i f ie rs .  
3 The volume and weight f o r  3 a m p l i f i e r s  is e s t i m a t e d  at 0. 9 in. and 0 .  08 
pound, r e s  pe c t ive ly . 
On-Board Data Handling Equipment - The on- board  data  handling equipment 
p e r f o r m s  four  basic  functions which a r e  ini t ia ted by commands  rece ived  f r o m  
the ground: 
a .  
b. 
Read-out and t r a n s m i t  the m e m o r y  contents via the t e l e m e t r y  l ink  
Init iatc commutation of r e a l - t i m e  s e n s o r  s igna ls  to the A - D  con- 
vc-rter s and t r a n s m i t  the resu l tan t  convers ions  v ia  the t e l e m e t r y  l ink 
c .  
d.  
Write the received c o m m a n d s  into the m e m o r y  
S t a r t  the m e m o r y  cyc le ;  r e a d  out 6 8-bi t  words  e v e r y  minute t o  the 
6 D - A  convcr te rs ;  place a new word into the r e s u l t a n t  vacant  m e m o r y  pos i -  
tioil. 
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Figure 3-Z0 is the functional block diagram of the system concept.
Signals received from the command receiver are the bit serial format mes-
sages. The first bit of the message is a routing bit, the second bit is a
parity bit, and the remaining bits constitute the command.
The first operation of the sequence of events requires that synchronization
must be established between the vehicle and the ground based clocks. Follow-
ing this the memory is read out via the telemetry link to the ground station.
This function is executed upon receipt of a command from the ground station.
The sensors are then read via the analog-to-digital converter path to the
telemeter and on to the ground station. Thus the data telemetered to the
ground falls into two categories - data stored in the memory over the previous
five orbits (or less) and real-time data.
After the commands to readout the sensors has been processed, commands
are received which are routed for storage in the memory. Following this
sequence a command is received which initiates the data processing cycle.
During this cycle a l-minute marker is generated in the vehicle which reads
out 6 digital words from the memory to the registers of the digital-to-analog
converters. This information is processed and read back into the same
6-word memory file before the next minute marker is generated. The second
bit of each command word is a parity bit. Conditions are such that correla-
tion must take place between the parity bit and the re st of the command word
or an indication is returned to the ground station.
It is assumed that all communications to and from the satellite can be
completed during a 10-minute period, and that the ground station can receive
any signals so long as the line of sight to the vehicle is 5 degrees or more
above the horizon. The ground station is assumed to be in North Carolina,
and the satellite altitude is taken as 1500 miles.
The orbit precession rate with respect to the earth's surface depends upon
the earth's rate about its own axis, the precession of the satellite orbit due
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to the earth's oblateness, and a time factor determined by the earth's rate
about the sun. The precession rate will be
3/2 2
o >
360
in degree/day362.5
= (360 + 2.29 - 0.986) deg/day = 15.05 deg/hr.
The satellite period at 1500 miles is Z. Z66 hr or 135.9 rain. ,
the orbit plane rotates at 34. 1 deg/orbit.
so that
The line of sight defined by the antenna look angle will subtend a geocentric
angle of
-i
8 = 180 degrees -95 degrees - sin
= 38. 7 degrees,
sin 95 degrees
so that if the satellite radius vector passes within Z670 miles of the station
(along the earth's surface), communication is possible. However, since
a minimum of I0 minutes is required for adequate communication,
i0 2 x 38.7 degrees
6--0-hr =360 degrees/orb (Z. 266 hr/orb) sin (cos-1 a/38. 7 degrees)
a = 3Z.6 degrees
Anywhere within 3Z. 6 degrees along the earth's surface, the satellite can
communicate with the ground for at least i0 minutes. If only one station, in
North Carolina, is used, it is possible to have 4. 98 orbits during which no
communication is possible.
The addition of 1 more station, located at Z0 to 30 degrees south latitude
and 60 -90 degrees west longitude would give complete coverage, so that
the satellite could be seen at least 10 minutes during every orbit, reducing
the total bit storage requirement by a factor of five. However, since the
desirable location is at sea, or remote from American possessions, it will
be assumed that only the one station is available for commanding the
satellite.
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The sensor data will be accurate to slightly less than 1 degree. Since the
sunline will vary with respect to the reference by only 0.42 deg/min, and the
magnetic field variation will be about the same, a 1-minute interval between
reference changes will be quite adequate. For 5 and 6 reference signals (3
sunline components and 3 field components), the data to be stored in the mem-
ory will thus have to be
8 bits 136 rain 5 orbits
6 x -- x x - 32,600 bits.
rain orbit period
It is likely that a timing word will be desired before each 6 words, adding
5430 bits. If a spare orbit is added for safety, the total comes to 45,600 bits.
At least i0 bits are required in the command system to allow storage of
data - 1 command designation bit, 1 parity bit, a data sign bit, and 7 data
bits. Since a reasonable data transmission rate is 1024 bits/sec, the memory
can be emptied into telemetry and filled by command in
(45600) (_)
__ 1 min.
(60) (10Z4)
This allows a good safety factor for retransmission of commands in case of
error and time for real time telemetry.
Referring again to figure 3-20, a repetitive word is sent from the ground
station and applied to the synchronization input of the vehicle clock and also
to a shift register located in the command decoder. The shift register can-
not load until the two clocks are in synchronization. When the shift register
is loaded, a signal is returned to ground indicating a synchronization condi-
tion. The stability of the clock will be such that it will remain in synchroniza-
tion for a single command period.
The clock signals can be generated from a 10Z4-cps crystal controlled
oscillator in conjunction with a digital counter divider. The application of
redundant systems with respect to reliability will be investigated.
The command decoder will consist of a general purpose shift register and
decoding gates. The shift register will function as part of the synchronization
cycle and also will decode commands and generate instructions based on the
command received.
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The sense amplifier hold .register along with an additional 4Z-bit holding
register is used to drive the 6 DAC's. The 6 output words from the memory
are loaded into this register every time a l-minute maker is present. This
is done at a I.024-kc rate.
The DAC decoders utilize a double ladder network and operate from a
lower limit negative reference input to a high limit positive reference input.
The switching of the reference voltage is accomplished by transistor switches
driven from flip-flops of the holding register. The output of the decoders is
buffered by dc amplifiers.
The commutator scheme incorporates simple voltage comparators rather
than precision analog switches. The voltage comparators require approxi-
mately the same amount of hardware and power as a conventional analog
commutator. Therefore, each analog input line has a voltage comparator
permanently tied to it. When a decision is required, all comparators are
strobed; but the only output will come through the gate enabled by the com-
mutator address. These signals are the decision pulses which are used
in conjunction with several different types of A-D converters. The final
selection of the ADC will be determined by speed and power considerations.
Westinghouse has extensive experience in all types of analog-to-digital con-
verter techniques. Since the speed of conversion is only 1024 bits per second,
a low powered A-D will be used, possibly of the ramp comparison type.
The memory system utilizes ferrite cores in a normal coincident current
sequential, read-write mode of operation.
The information input to the memory and the data leaving the memory
is serial by bit, but within the memory an 8-bits-per-word organization is
used. This decreases the size and complexity of the X and Y coordinate
selection matrices at the expense of adding inhibit drivers, sense amplifiers,
and two shift registers. The net result is a decrease in size, weight, and
average power consumption of the memory system.
A block diagram of the memory is shown in figure 3-21. A memory
initiate signal in conjunction with the system clock starts the memory timing
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Figure 3-Z1. Memory Block Diagram
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counter. This counter controls the memory cycle timing and, at the con-
clusion of the cycle, steps the address counter to the next state.
A 96 by 64 selection matrix is used to select 1 of 5700 words. A 6-flip-
flop section of the address counter is decoded and used to turn on 1 of 8
switches and 1 of 8 current drivers which act through an 8 by 8 transformer
matrix to select 1 of 64 drive lines. The other side of the memory matrix is
selected in a similar manner but utilizes an 8 by 12 transformer matrix and
a 7-flip-flop section of the address counter. Coincidence of two energized
drive lines through a core provides sufficient ampere-turns to fully switch
the core. A core which switches has a relatively large flux change which is
'detected by a sense winding and a core which does not switch provides only a
small flux change. Any energized drive winding acting by itself provides
insufficient ampere-turns to switch a core.
The information in the cores is detected by sense amplifiers. The sense
amplifiers are strobed when a readout is expected to prevent noise signals
from setting the read register. The information in the read register is then
shifted out in a serial by bit mode.
Information to be written into the memory comes from either the receiver
or from attitude control data. The data are shifted into an eight-state write
register where it can be transferred in parallel to the inhibit drivers. The
address selection during the write portion of the cycle is the same as for
the read portion except that one of eight current drivers is selected to drive
current in the opposite direction through the transformer windings, thus
giving an output pulse of opposite polarity. Coincidence of the currents from
the two sides of the matrix in a particular core fully switches the core and
therefore writes a 1 in the core. When a 0 is to be written into the core an
inhibit driver is turned on and energizes a winding which threads the core in
a direction opposite to that of the half select currents with an amplitude suf-
ficient to cancel one of the half select currents. Thus the core is never
switched.
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After the write portion of the cycle is ended, the address counter steps to
the next state, and the memory is ready for another memory initiate signal.
System Hardware Summary - Figure 3-22 shows the total on-board system
block diagram with the required redundancy to give a probability of success
fdr 1 year of 0.954. The individual block probabilities of success are noted
on figure 3-22 and the breakdown by parts is given in table 3-3. A power,
volume, and weight breakdown is given in table 3-4. Average power required
by the control system over an orbit is expected to be a maximum of 43.6
watts. The volume of the control system (excluding the coils) is expected to
be 1215 in. 3, including interconnections, packaging and shielding. The total
weight, including interconnections and packaging, is expected to be approx-
imately 41.8 pounds. Twenty-one pounds of shielding is required.
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Figure 3-22. Control System Reliability Diagram
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TABLE 3- 3
PROBABILITY OF SUCCESS BREAKDOWN
Parts
Receiver
4 FEB
3 Crystal
3 Filter
13 Inductor
I0 Transformer
Data Processer
Decoder 1 7 FEB
Gates 4 FEB
Address Ctr 4 FEB
WR Selector 20 FEB
Failure Rates
Percent/1000 Hours
0.04
0.04
0.50
0.03
0. I0
0.71 Total
0.17
0.04
0.04
0.20
Clock
Memory
0.45 Total
Command Functions
Hr
SW
Parity Check
D-A Converter
0. 094
0.50
4 FEB 0.04
6 FEB 0.06
0.10
4 FEB 0.04
24 FEB 0.24
Sun Sensor ]See[ description
kdagnetomete r _
Coil Current Computer
A, B, C, = 69 FEB 0.69
Total
in Sensors
Probability of Success
(1 Year = 8. 76 K Hours)
P = e -X 8.76
-0. 0071(8. 76)
P = e = 0. 9398
R (I of 2) = 2 p_pZ = 0. 9964
-(0.0045)(8.76) 0.9613P=e
R (I of 2) = 2 p_p2 = 0. 9985
0. 00094(8. 76)P=e
-(0. 005)(8.76)
P=e =
R (I of 2) = 0. 9982
=0. 9918
0. 9571 ;
-0.0010 (8 76)
P = e " = 0. 9920
-0. 0004 (8 76)
P = e " = 0. 9965
-(0. 0024) 8. 76
P=e
R (I of 2) = 0. 9996
P = 0. 9994
= 0. 9792;
P = 0. 9990
p = e-(0. 0069)(8.76)= 0. 9421
R (I of 2) = 2 p_p2 = 0. 9967
169 1779A
AEROSPACE DIVISION
TABLE 3-3 (Continued)
D, E -
Parts
Failure Rates
Percent/1000 Hours
I
Coil Current Computer
69 FEB
F, G - 30 FEB
Power Amplifiers
3 Current Amplifiers
32 FEB
Coils (See Text)
A-D Converter
Telemetry Circuits
6 FEB
Transmitter
1 Crystal
5 FEB
3 Inductor s
4 Transformer
(Continued)
O. 69
0.30
0.03
0.3Z
0.06
0.04
0.05
O. O6
0.04
0.19
Power Supply (See 0. 569 Phase
I Report)
Total Reliability for 1 Year
R T = R 1 R 2 R3... R N =
Probability of Success
(I Year = 8. 76 K Hours)
p = e-_ 8. 76
P = O. 94ZI
P (I of Z) = 0. 9967
-(0. 003) (8. 76) = 0. 9740
P=e
P (I of Z) = 0. 9993
PT = 0. 99Z7
-0.0003 (8. 76)
P = e = 0. 9976
P = O. 9999
-0. 0032 (8. 76)
P=e
P (I of Z) = 0.9993
= 0.9724
-0.0006 (8 76)
P = e " = 0.9948
-(0. 0019) 8. 76
P = e = 0. 9835
P (I of Z) = Z p_pZ : 0. 9998
P = e-0. 00569 (8. 76)
= 0. 9514; P (I of Z) = 0.9976
O.954
Simulation Results - The flight experiment was simulated for an altitude of
1500 miles and inclination of 45 degrees. The balloon diameter was 90 feet
and the weight 439 pounds (in orbit), which gives an inertia of 18,400 ib-ft-
Z
sec The disturbance torque, based on the revised surface pattern, had a
maximum of I. 68 x 10 -4 ib-ft. The disturbance torque to inertia ratio was
-8 2
0. 91 x 10 rad/sec .
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TABLE 3- 4
POWER, VOLUME, AND WEIGHT BREAKDOWN
(including redundancy required for i year Ps = O. 954)
Power (watts) Volume (in. 3) Weight (lb)
Z.O I00.0 4.0Receiver
Decoder, ADC, DAC
Parity Check, Clock
Memory and Assoc. Ckts.
Transmitter
Control Electronics
Sun Sensor
Sensor Head Cables
Magnetometer
Probe Cables
Power Amplifiers
(Coils)
Temperature Sensing
Total
Z. 3
2.0
0.8
140.0
800.0
I00.0
25.4
4.2
1.3
4.3
1.2
0. I
43.6 watts
4.0
10.8
23.0
3.6
0.9
23.0
3
1Z15in.
4.5
22.0
4.0
0.4
0.5
1.3
1.5
0.5
0. i
3.0
41. 8 ib
The analog computer simulation was run in conjunction with the parametric
study as one of the cases studied. The vehicle was required to initially
orient from a zero inertial rate and a 45-degree initial pointing error.
From this condition the vehicle must establish a steady state orbital rate
(about the pitch axis} and a nominal zero pointing error away from the
velocity vector. After the vehicle reaches this condition, it may then be re-
quired to flip about the yaw axis (vertical).
The computer run for the flight experiment is shown in figures 3-23 and
3-24. The gain had been previously optimized for smallest normal pointing
error as a first consideration and for fastest system response time (as
measured by flip and settling time) as a second consideration (the effect of
varying gain in routine mode pointing error and settling time is shown in the
Phase I report).
171 1779A
AEROSPACE DIVISION
The maximum pointing error in the routine mode was 8 degrees. The
optimum flip and settling time* was 8.5 orbits or 19 hours. The average
total torque per gauss (a measure of coil current} over the worst orbit during
ib ft
the normal mode (including normal pointing and flip modes} was 0. 14
gauss
In the parametric study section, the magnetic field vector magnitude
changes were discussed. For some right ascending modes the 45-degree in-
clined orbit passes within about Z5 degrees (of latitude} of the magnetic poles.
At these points the vector magnitude has increased about 50 percent over that
seen at the magnetic equator. With the control system used in the simulation,
this is equivalent to an increase in gain at this point by a factor of about Z. 3
over the optimum. The dashed line additions to the block diagram (figure
3-17) would give the system the capability to normalize the vector magnitude
in the calculation of coil currents. This is a relatively small increase in
complexity and would result in improved overall performance.
Flip and settling time is measured from the start of the flip until the time
the total pointing error comes within 30 degrees and remains less than
30 degrees. A nonoptimum flip lasting about 14 orbits is shown in figure
3-24.
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Figure 3-23. Flight Experiment Computer Run, Initial Orientation
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Flight Experiment - Ground Station
The functions of the ground station are to be:
a. Compute, store, and transmit to the satellite the reference data
required by its attitude control system
b. Receive, process, store, and analyze status data telemetered from
the satellite
c. Provide command facilities and the displays necessary to implement
commands
d. Provide for computation, storage, and display of satellite attitude,
both in real time and from stored data.
Figure 3-25 shows a block diagram of the ground equipment. The various
parts are described below.
The computer must have the following inputs to be capable of providing
sun line and magnetic field vector components.
Solar ephemeris: data can be obtained from the American Ephemeris and
Nautical Almanac, which relates the sun line to the earth. Using this data,
with time corrections to account for variations between local and ephemeris
times, a computer subroutine can be obtained which is very accurate for the
time period considered.
Magnetic field ephemeris: The Jensen-Whitaker Fortran subroutine
relates the earth's field to earth coordinates, within 2 percent. This is
quite adequate for the purposes of controlling the vehicle. These data can
be related to satellite position and attitude to obtain the variations in field
with respect to time, a task already performed in this study program.
Orbit element data: Complete orbit element data are continually available
from NAVSPASUR and SPADATS. Further information will be available from
the tracking data obtained at the control facility. These elements will define
the satellite position referred to earth with respect to time.
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Figure 3-25. Block Diagram, Control Station
Attitude reference data: The satellite pattern symmetrical axis reference
is the velocity vector, while the yaw axis reference is the earth's radius
vector. It is desired to orient the vehicle to these references. The attitude
can then be related to time in an earth reference frame by combining this
reference information with orbital position data.
Clock data: The station will have a clock which is synchronized with WWV.
This clock will be the basic reference by which all computations are made.
All predictions will be synchronized with the clock, which will indicate
Greenwich meridian time.
The above data will be fed into the computer and the components of the
earth's field and sunline vectors computed for each minute of the time
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small percentage of the total facility time need be used. Since all on-board
data processing could be made compatible with the ground system, very
little modification would be required in the ground station; the cost of such a
time-sharing system would be very low compared to the cost required by an
entirely new facility.
Transmission of an assembled command can be done by almost any trans-
mitter, at any VHF frequency designated. The number of bits per word depends
upon the completed format, but it can be done most cheaply with 10 bits - 1
command bit, 1 parity bit, and 8 information bits. Words having a one
command bit would be processed into the command channel and used to switch
various functions. Words having a 0 command bit would be passed into the
satellite memory after a parity check. Six information words and one syn-
chronizing or timing word would make up a frame. Since all information can
be stored serially in the memory, addressing can be highly simplified.
A parity bit will cause each word to have a constant number of ones. Any
error will cause a signal to be telemetered to ground, providing an error
display to the operator, who can then command a retransmission. This type
of feedback system is flexible and simple to mechanize.
The flip maneuver will be commanded in a unique way. Simply commanding
a roll axis reversal would cause momentary loss of control and severe over-
shoots. The reference axis must be rotated slowly at a uniform rate about
the yaw axis in order to obtain optimum flip times. The reference will be
turned in the computation, so that the resulting commanded components of
field and sun vectors will produce a rotating reference in the satellite. Thus
all the computation complexity is on the ground, reducing spaceborne computer
complexity.
Flight Experiment Instrumentation
Objectives - A complete time history of the satellite attitude is required in
order to properly evaluate the velocity control results, which depend on
attitude, and to confirm the performance of the nonlinear magnetic control
system. Temperature and sphericity measurements are also needed for the
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interval required. The computer, an IBM 7090 or equivalent, will then store
these data, along with all standard command signals, on a magnetic tape until
a communications period arrives.
An auxiliary computer will be used to process all signals to and from the
satellite, provide displays of facility status and satellite data to an operator,
and provide special command capability to the operator. Upon direction from
the operator, a magnetic tape unit reads the data and commands into the
auxiliary computer. These are synchronized with clock pulses and sent to a
modulator, where the data are inserted into the carrier. These data are also
recorded on a satellite data tape recorder. The signals are then transmitted
to the satellite.
Upon command, the satellite transmits its data to the facility receiver.
The data arrive serially and enter the PCM data handling equipment, which
assembles them for parallel feed into the computer. The data are also recorded
by the satellite data recorder for use when playback is desired. Display of
both stored and real time telemetry data can be made to the operator upon
command.
The control board displays GMT, satellite time, estimated time to next
contact, and real time contact remaining to the operator. It also displays
status of each of the various components in the facility. Various commands,
both for the facility and for the satellite, are stored in cards or tape at the
control board, along with test routines and procedure manuals.
The telemetry receiver and tracking facility is a GFE facility and need only
be capable of receiving the low power telemetry signals from the satellite.
Since frequency and gain allocations would be allocated by NASA in keeping
with presently available equipment, no consideration has been given to this
area.
It should be mentioned that the presently existing NASA ground facility for
OAO operation uses a system quite similar to and compatible with the re-
quirements of the OPC project. This equipment could be used to control
the OPC satellite, in no way compromising OAO operation, since only a
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the velocity control analysis, as well as for confirmation of thermal and
structure design adequacy.
One of the purposes of the experiment will be to determine the cause of
any failure which may occur, so that modifications can improve a later model.
Means must be available then to monitor each major component output of the
control and power subsystems.
In this preliminary study of instrumentation methods, certain ground
rules or restraints were assumed:
a. Although satellite attitude might be inferred by observing from
tracking data the effect of solar forces on the orbit, information must be
available which is independent of this method.
b. Only one ground station can be used in obtaining information from
the satellite. Although it is assumed that NAVSPASUR is available for orbit
parameter data, it is assumed that the additional cost of setting up facilities
at several stations is not necessary or allowable.
c. The instrumentation cannot interfere with or degrade the performance
of the control system in any manner. No decrease in reliability of the control
system is allowed.
d. Satellite equipment must be kept to a minimum at the expense of
ground equipment. Any method of instrumentation using data obtained from
normal operation will be considered superior.
Attitude Monitorin_ - There are several possible approaches to satellite
attitude instrumentation. One is to employ an RF interferometer technique -
a method which would have the advantages of complete independence from the
control system and low weight, reliable on-board equipment. However, this
method is rejected because, unless attitude is to be sampled as little as 10
minutes out of 5 orbits, multiple ground stations are needed. Another complete-
ly independent means of sensing would be the use of pitch and roll horizon
scanners plus a floated closed loop roll rate gyro for yaw error sensing; how-
ever, these are sensors of doubtful reliability for a 1-year mission.
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The method recommended is the use of the magnetometers and sun sensors
which are an existing part of the control system. No new on-board equipment
is required, since the successive outputs of these sensors will be stored in
the memory as ephemeris data are withdrawn from it. Instrumentation would
not depend on the on-board computation equipment which resolves attitude
errors from the six sensor signals, since this computation would be duplicated
at the ground station.
It has been mentioned that a 49, 152-bit memory is used to hold all command
reference data for 5 complete orbits. Every minute, a clock marker draws
6-bit words out of the memory and displays them to the control system through
a holding register and a D-A converter. The same clock marker causes 6
data samples from the sensors to be read into the slots vacated by the refer-
ence words. At the end of 5 orbits, the memory then is almost empty of
reference data and almost full of sensor data. Upon command from the ground,
the data are read out serially to the telemetry system, received by the ground
station, and recorded on magnetic tape. It can be directed in real time to the
computer, if desired. Thus a complete attitude history is available for the
entire previous 5 orbits.
Data Transmission - The attitude sensor data stored in the memory include
B B , and B (the components of the magnetometer output} and S S , and
X' y z X' y
S (the sunline vector components}. These will be telemetered independently
z
upon ground command.
In addition to stored data telemetry, the following real time parameters will
be telemetered:
Memory reference data (a sample check on the stored
epheme ride s)
Solar sensor data
Magnetometer data
Control system direction cosines
Control coil currents
Number of Signals
6
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Tempe rature I0
Power supply data I2
Clock signal 1
Total 46
Various commands to the satellite are required to adequately control it.
Some of these commands are:
a. Initiate erection of satellite
b. Turn on (or off) power to control system
c. Read out memory to telemetry
d. Read out real time signals to telemetry
e. Write commands into memory
f. Start memory cycle
g. Synchronize clock
h. Command coil currents on or off
i. Command coil compensation on or off
j. Redundancy switching.
Upon command from the ground, all stored memory is read serially out
of the memory in 8-bit words, at 1024 bits/sec, through a holding register.
The telemetry transmitter power and frequency will depend upon allocation.
The power will be 2 to 5 watts, depending upon receiver sensitivity, and
the frequency will be in the VHF region. The receiver will detect, amplify,
and store the data on magnetic tape. If desired, these data can be fed directly
to the computer and used to compute attitude immediately. If speed is not
important, the tape can be fed into the computer at any time.
A separate command signal will cause the commutator to cycle repeatedly
through the 40 various real time sensor signals and feed them through an A-D
converter to the telemetry system. Again, the bit rate will be 1024 bit/sec,
and the words 8 bits long. Only a few cycles will be necessary to ensure
complete information at any particular time. These data will be taped or can
be fed directly into the computer and used to give real time attitude displays to
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the operator for the duration of a particular communication period, which can
in some cases, last for 25 minutes.
The system uses existing sensors and memory and is operated by means of
the command system. Since all these items are vital to the operation of the
mission, these items must be extremely reliable; additional use of these items
in no way affects their reliability. The only additional hardware required are
the commutator, an A-D converter, two gates, and the transmitter.
Computation of Attitude History - Computation of an attitude history on the
ground will require a relatively short time in a ground-based digital computer.
Since a good computer is already available for reference computation, the
same computer can be used to provide the time history of attitude. More
accuracy is desired at the ground station than is available in the satellite
coil current computer, and this can be obtained by means of the larger com-
puter, within the accuracy of the sensor data received. The parameters
necessary for the computation are:
a..Three-axes components of the magnetic field and sunline vectors
in satellite coordinates, as obtained at l-minute intervals during a 5 or bit
cycle, referenced to the satellite clock.
b. An ephemeris containing satellite position with respect to earth as
a function of time. The time interval involved must correspond to the time
of the orbit cycle. This information can be obtained from NAVSPASUR/
SPADATS determination of orbit elements and can be updated daily by NASA
tracking facilities.
c. An ephemeris containing sunline vector components in earth
coordinates with respect to time over the 5-orbit period considered. This
information can be obtained from the American Ephemeris and Nautical
Almanac, and essentially reduced to a vector equation over the time ranges
involved.
d. An ephemeris containing magnetic field vector components versus
time during the time of the five orbits. This can be obtained from the Jenson-
Whitaker Fortran subroutine, which can be slightly modified if necessary to
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include any variations determined in later tabulations, or any short term
variations that can be predicted.
e. An ephemeris, determined from a. above, defining the desired
attitude with respect to time during the five-orbit period. Although this param-
eter is not essential, it would be desirable to represent attitude in degrees
referred to a standard, or desired attitude. This provides a convenient
reference.
f. A clock reference with which to compare or synchronize the various
time relationships. Since the satellite clock errors will be very small,
satellite timing movements will be used to determine interval times for the
incoming data.
These parameters are used to determine the three-axis components of the
satellite attitude with respect to its desired position and these components
displayed on a board to the operator, at whatever speed he wishes to play back
the tape recording. When real time data are displayed, each display will be
corrected at the rate of approximately 40 times per second, with a real time
lag not exceeding 1 second for readout, transmission, receiving, and compu-
tation time s.
When the attitude history is computed, it can be displayed and then stored
on magnetic tape. It can also, at the discretion of the operator, be read out
on the typewriter, for closer study. Various other display techniques are
possible but would be expensive and generally unnecessary.
It should be noted that when an old tape is played back into the computer,
it must be accompanied by the ephemerides associated with the time period of
the tape. Time words will identify the particular tape, and relate it to
ephemerides which have a coinciding timing word.
Control System Fault Isolation - It is desirable to pinpoint any fault which
might occur in the control system itself. The measured parameters are the
solar sensor component, magnetometer components, five direction cosines,
and the coil currents. Although simplification of fault isolation could be
185 1779A
AEROSPACE DIVISION
achieved by instrumenting each multiplier, divider, and summer, the number
of data channels required would be prohibitive.
Reference to the attitude control system block diagram will illustrate the
methods by which fault isolation can be obtained with the outputs instrumented.
If any of the sensor outputs go to 0, the fault is indicated by the sensor
output indicator signals.
If any of the reference (B) x (S) multipliers fail, all of the direction cosines
will be in error. Since the ground computer is programmed to derive the
same quantities, the variations in the direction cosines can be obtained by
trial and error comparison between computed and real output values.
If the ILl Z summer fails, -all, - azl , - a31, and -a13 will take on ex-
tremely high values, as a result of division by 0.
If any of the sensor multipliers (B) x (S) fail, one or two direction cosines
will be in error. If B x B were in error, -a13 and -all would be in error,
y z
while the other would read correctly; if Bz x Sx failed, -az3 and -a Z1 would be
in error; and if B x S failed, -a31 would be in error. The amount of error
x y
would depend upon the sensor readings at the point measured, and trial and
error substitution of failures in the computer could rapidly determine the
exact location.
Similarly, other failures anywhere in the system can be determined. Use
of a trial and error computer program can be easily setup and will quickly
determine various fault locations. Of particular interest are the faults in
which a component does not produce zero output, but does provide an incorrect
signal. For instance, an analog divider might produce large errors at high
levels when the divisor is small. Such errors can be derived easily by com-
puter trial and error. Such drifts can be tabulated as they occur, and with
practice, any number of small errors can be tabulated, and their changes
with respect to time determined.
Power Supply Monitorin_ - The power supply consists of two solar cell arrays,
each having redundant batteries. To completely instrument the power supplies
will require solar array current and power, two battery voltages, and converter
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output voltage and current. These parameters are measured on each power
supply to ensure complete knowledge of the operation. Although such detailed
information is unusual, it is felt that the importance of the power supply and
knowledge of its condition or reason for its failure are of prime importance in
the instrumentation of a prototype satellite. The 12 values will be available
during each communications period and since almost every conceivable
geometric relationship between sun, earth, and satellite will be seen during
the course of a year, complete power supply characteristics should be obtain-
able by real time telemetry.
Temperature Monitorin_ - Temperature measurements will be taken at the
points shown in figure 3-26 to measure skin temperatures and at the 6 equip-
ment locations (not shown in figure 3-26) to measure mean package tempera-
tures. There will be a total of 18 sensors. The temperatures recorded in
real time can, over many orbits, represent almost any condition of illumina-
tion, so that a limited amount of analysis may be made of the following:
a. Thermal environment of the various components.
b. A gross measurement of temperature gradient in the skin.
c. The solar forces exerted on the satellite (assuming the surface
reflectivities, absorptivities, and emissivities are norminal
In order to be sure of covering the possible temperature range, the sensor
should have a range of ±150°C, although actual variations will be smaller.
This means that 1 percent (the telemetry capability) is 3°C. This is adequate
for general analyses, since temperature swings will be much higher. Figure
3-26 shows the skin sensor locations. Two sensors, located 5 degrees apart
across the boundary, will measure boundary gradient in case it is needed for
special analysis. (There will be two pairs of these sensors 180 degrees
apart.) The other sensors will provide adequate coverage of the sphere to
determine rnaximum temperature swings, gradients, and pointing effects,
with respect to sun and earth, so that limited thermal analyses are possible.
Thermistor sensors are contemplated for use in this application. Small
wires, wound in a plane and sealed in very thin wafers, will be cemented to
the satellite skin and equipment packages. In the range desired, gradients of
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Figure 3-26. Location of Temperature Sensors
i0 ohm/°C can be obtained, so that sensitivity is not a problem. These seem
to be smaller and less difficult to control than thermocouples. The wafer can
be 1/16 inch in diameter, and 0. 005 inch thick, so that thermal capacity should
not present a problem. Conduction of the signals to the control center will be
the biggest problem, since wire length is considerable. It may be feasible
to use wiring printed on the inside of the balloon in order to save weight and
reduce erection problems.
Sphericity Monitoring - The sphericity of the satellite is important to the
extent that it affects RF reflectance, control system performance, and orbit
position control forces. Small wrinkles, dents, and holes will not greatly
alter either the solar forces or the ability of the control system to operate.
If a deformity alters the ellipticity in a regular manner, the direction of the
sensors remains constant. Only fairly large, irregular dents or bulges can
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appreciably affect sensor pointing, or the torques produced by solar forces.
To produce large sensing errors, these dents or bulges must be large enough
to permanently deform the sphere. Under ordinary circumstances, this type
of deformation can be obtained only due to an initial erection fault or some
structural failure under the control torque load.
The attitude sensing elements can be used to determine sphericity. If
irregular inflation has occurred, such that only one or two noncoaxial solar
sensors are in error, analysis of sensor data can determine accurately the
amount and direction of the error. If one magnetic sensor is in error, its
error can be computed, using sensor data only. If all sensors contain large
random errors, the mission is compromised.
Solar and orbit data are available which can define the desired solar vector
components at any given instant. If all solar sensor outputs but one are correct
for a particular attitude, the one is in error by the amount of error in its
reading. The direction of error can be determined by analysis of the other
sensors. Although an iterative trial and error will be necessary for assump-
tion of the instantaneous attitude, this method can be used successfully to
determine the cant of one sensor, which is also a measure of the departure
from sphericity at that point. Since the magnetometer components are
located 90 degrees apart on the sphere, sensed data can also be used to deter-
mine one-sensor error here, also. It is possible to skew the stored data in
the satellite to compensate for errors in sensor orientation, although full
compensation does not appear feasible.
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APPENDIX A
SAMPLE RUNS FOR THE ATTITUDE
CONTROL PARAMETRIC STUDY
Figures A-I through A-6 depict the sample runs for the attitude control
parametric study.
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APPENDIX B
SIMPLIFIED MOBILITY PROGRAM
The mobility of a satellite using an orbit position control scheme - that
is, the angular separation which can be achieved between two identical
satellites in opposite modes of operation in a given period of time - has in
the past been calculated using an N-body orbital prediction program. This
program, using an Encke's method integration of the perturbing forces to
determine the orbital behavior, requires a relatively large amount of ma-
chine time. In order to make a parametric study of the mobility feasible
with respect to machine time, a simplified mobility program has been devel-
oped. This simplified program makes use of a large number of approxima-
tions to reduce the machine running time by a factor of approximately 100
while preserving the accuracy of the mobility computation.
Shown in figure B-1 is a macro-diagram which illustrates the basic struc-
ture and philosophy of the simplified mobility program. In essence, it uses
a precomputed table of perturbing forces on a satellite in a reference orbit,
correlates these forces to those on the satellite in its actual orbit, and inte-
grates by the variation of parameters method over one complete orbit for two
identical satellites in opposite modes of operation. The deviations in the
orbital elements are extrapolated linearly over a period of 1 day and the
mobility is computed directly from the deviation in the semimajor axis of
the orbit. The orbital elements are then updated by the extrapolated devia-
tions with the second order spherical harmonics solution for the earth's
oblateness being superimposed on the deviations. Time is also updated by
1 day and the computation proceeds in this manner for the specified period
of time. A more detailed description of the mathematical model used in
the program is given below.
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1OUTPUT :
MOBI LI TY, ETC.
1
UPDATE TIME
BY I DAY
UPDATE ORBITAL ELEMENTS
BY TOTAL DEVIATIONS
FOR THIS DAY
<_O
INPUT : INITIAL ORBIT,
FORCE TABLE, INITIAL
TIME, MAXIMUM TIME,ETC.
!
COMPUTE SUN LINE VECTOR AT
PRESENT TIME
SET TRUE ANOMALY OF ORBIT TO 0
DETERMINE POSITION AND
VELOCITY VECTORS OF BOTH SATELLITES.
]
RELATE POSITION AND VELOCITY VECTORS
TO ORIENTATION OF REFERENCE ORBIT TO
DETERMINE PERTURBING FORCES
1
ACCUMULATE INTEGRALS OF ORBITAL
ELEMENTS BY TRAPEZOIDAL RULE AND
UPDATE TRUE ANOMALY BY 5 DEGREES
<_0
T_MALY-360 DEGRE_ '
[-°
EXTRAPOLATE RESULTS OVER I DAY
AND SUPERIMPOSE DEVIATIONS DUE
TO SECOND-ORDER OBLATENESS
]
COMPUTE ANGULAR SEPARATION OF
SATELLITE (MOBILITY) AS A FUNCTION OF
DIFFERENCE IN ORBITAL PERIODS OF THE
TWO SATELLITES
I779A-VB -27
Figure B-I. Macro-Diagram of Simplified Mobility Program
It is necessary to know the position of the sun relative to earth in order
to relate the precomputed forces to the actual perturbing forces on the
satellite (direct solar, earth emitted, earth reflected, and reradiation).
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A reasonably accurate position can be obtained through a simple Keplerian
evaluation of the position of the earth in its orbit about the sun at the specified
time. The orbital elements of the earth are:
n E = 0. 9856091 deg/day (mean angular motion)
e E = 0. 01672592 (eccentricity)
w E = I02.26498 degrees (argument of perigee)
ToE = Jan. 2. 62733, 1960 (epoch)
Then at any time, t, the position of the earth in heliocentric coordinates
can be determined by the following Keplerian transformations:
M E = n E (t - ToE )
E E = M E + e E sin E E
u E
-1
= tan
cos E E - e E 1
r E = a E (1 - e E cos E E)
E sin (w E +UE)
0
Where M E , EE, and u E are the mean, eccentric, and true anomaly of
the earth respectively and r E and _E are the magnitude and vector components
of the heliocentric position respectively.
The position of the sun in geocentric coordinates, _ , can then be obtained
s
by reversing the sign of the heliocentric position vector and correcting for
the tilt of the earth's axis with respect to the ecliptic plane.
s = - 0 cos 23°27'8 '' - sin 23°27'8 '' . rEy
0 sin 23°27'8 '' cos 23"27'8" [rEz
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In order to eliminate the periodic perturbations from consideration, the
perturbing forces are integrated over one complete orbit. This is accom-
plished by varying the true anomaly of the orbit from 0 to 360 degrees in
5-degree increments, calculating the position and velocity vectors of the
satellite at each step, correlating this information with the force table to
determine the perturbing force and integrating these perturbing forces accord-
ing to the trapezoidal rule as a function of the true anomaly.
The position and velocity vectors, _ and _, of the satellite can be found
as a function of the true anomaly u by the following Keplerian transformations.
,'sinu]
L e +cosu
r = a (I - e cos E)
[cos a cos (w+u) - sina cos i sin (w+u)]
= r |sin _ cos (w+u) + cos _ cos i sin (w+u) i
[sin i sin (w+u) J
--v= K_'M_]_a { ye sinEr r
At each of these points,
cos _'_sin (w+u)" +sin_'cos i cos (w+u)])-_ [sin_sin (w+u) -cos_cos I
L- sin i cos (w+u) J
the perturbing force on the satellite must be
calculated using the table of precomputed forces. The method of determining
a force F (0, ¢) as a function of position and velocity has been discussed in
Phase I. For the sake of clarity, the relationships used in this determination
are reproduced here.
0 = COS ]s..
s
c =
r
r - r
r COS U S
S
= cos - -
CV
- [6i,l-
= r x c-6 i,2"ff
Ifb" _< 0 Then4< 0
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The rates of change of the orbital elements expressed as functions of the
true anomaly are:
da du 2 I e 2 ]d--u d"t- = nr_-e er sinu) R + a (1 - ) S
1
_ _ r
du dt nae
di udu = _r cos (w+u) W
d--'u dt na 2_
d_/ du
du dt
dw du
du dt
dM
du
r sin (w+u)
W
naZ_/l-e 2 sin i
cos u R - sinu
nae
du =n+--i {ll-e2) c°sut na e
and,
du
dt 2
r
--_- R- -e i:
a( e 2
and R, S, and W are the radial, tangential, and normal COtTaponents of per-
turbing acceleration respectively and can be obtained from the precomputed
forces by rotating the coordinate system of the reference orbit (radial,
tangential, and normal in plane of sun line) counterclockwise through the
angle cb about the radius vector.
R = _I 0 cos _ sin _ " F x (0,_b)
ms 0 -sin ¢ cos F y (8, (b)
z
where m is the mass of the satellite.
S
Thus the perturbing forces are integrated over one complete orbit to obtain
the long term deviations in the orbital elements due to the solar and earth
pressure and thermal forces which were precomputed and stored in the force
table.
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It is shown in another section that the perturbing forces on a circular
orbit are a function only of the inclination of the sun line to the plane of the
orbit. Since this angle varies rather slowly, a time saving approximation
can be made by extrapolating the deviations calculated for 1 orbit over a
period of 1 day by increasing the deviations by a factor of n ,
o
of orbits per day.
n = 1440/P
o
the number
where P is the period of the orbit in minutes.
The orbital perturbations due to the second order spherical harmonics
approximation to the earth's oblateness, which are by far the most significant
of the remaining perturbing forces on the satellite, are superimposed on the
calculated deviations per day and are equivalent to
• COS i
= -I0
_/ o (i_e2)2
3.5 2
i- I)
• <_) (5 cosW "-
0
(I - e2) Z
where the subscript o refers to the earth's oblateness and R
e
of the earth•
is the radius
In the actual computation, two satellites are considered. The two satellites
are identical in physical characteristics and are started in identical orbits
but are placed in opposite modes of operation (axis of symmetry of hemi-
spherical coating pattern aligned in opposite directions along velocity vector).
The set of computations is then performed for each satellite with their
orientation angle _bdiffering by 180 degrees.
The mobility of the system is defined as the angular separation between
the two satellites as a function of time. It can be seen that the angular
separation will be a function of the difference in the orbital period of the two
satellites. The rate of change AP/orbit of this difference is defined as:
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°pPP1leo G3J2iea103J2)i:1,2
where the subscripts 1 and Z refer to the two satellites and the subscripts
o and e refer to the values of the orbital parameters before and after the
integration over an orbit is performed. Then the rate of change of the
angular separation a with respect to the number of orbits N is:
da Z_
d'--N- = ( zip + N AP)o -7-
av
where P is the average of the periods of the two satellites. Integrating
av
this expression from 0 to n yields for the angular separation:
0
2_ (APono n 2 )
a = _ +Z_P-- °
P 2 +a
av o
Thus the mobility is computed for each day, the orbital elements are up-
dated as described, the position of the sun is updated and the computation
repeats for the specified number of days.
As a means of checking the accuracy of the approximations made in this
model, several cases were run which had also been run using the N-body
program described in Phase I. In all cases, the mobility computed by the
two programs agreed to within 1 percent. Thus this procedure, while
reducing the machine running time by a factor of i00, calculated the mobility
with virtually the same accuracy, thereby making a parametric study of the
mobility practical with respect to computer time.
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APPENDIX C
RERADIATION FORCES ON A THIN-SKINNED, HOLLOW
LENTICULAR-SHAPED BALLOON SATELLITE
General
In calculating the reradiation forces on the lenticular satellite, the fol-
lowing assumptions have been made:
a. Heat conduction along the skin is negligible.
b. Internal emission and reflection is completely diffuse.
c. Internal absorptivity is independent of the angle of incidence.
d. The effects of thermal lag are negligible.
A primary consideration in the determination of the re radiation forces
is the distribution of internally reflected and emitted energy. A form factor
Fji can be determined which denotes the percentage of the total energy leav-
ing a surface j which is incident upon the ith surface. Consider the geometry
of a spherical satellite shown in figure C-I. Let:
dE (a) = the energy flux
r solid angle
reflected diffusely at angle a
from internal area element dA.
J
dE (_) = the energy flux
e solid angle
emitted diffusely at angle a
from internal area element dA.
3
Then by Lambert's cosine law:
dE (a) = cos a dE (o) (C-l)
r r
dE (a) = cos a dE (o)
e e
The solid angle from dA. subtended by another area element dA. (figure
J 1
C-l) is:
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dA. cos a dA.
1 1d_ = =
(ZR cos a) z 4R z cos a
and the energy flux from dA. to dA. is:j z
d (dEj) = (dE r (a) + dee (_) da =
dEr(O + dEe(O)] cos a dA. 1
2
4R cos a
(C-Z)
(C-3)
dAj
2 R cosa
a dAi
1779A-VA-86
Figure C-I. Geometry of The Spherical Satellite
The total flux leaving area element d.A. can be found by integrating C-3
J
over the entire surface of the sphere.
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7r 2_r
dE (o) + dE (o) / /
dE. = r e
J 4R z RZsin _ dO d_ (C-4)
O O
dE. =_j [dEr (°) + dee(°)]
It is readily apparent that when the two area elements being considered are
in the same cap of the lenticule, the energy flux from dA. to dA. is given by
j I
equation C-3. Therefore, the form factor from the jth area element to the
ith area element when the elements are in the same cap is simply the ratio
of equation C-3 to equation C-4.
dA.
i
F -
(C -5)ji 4_R 2
In figure C-2, the geometry for calculating the form factors when the
elements are in opposite caps is shown. A double coordinate system is used
where the Xl, YI' Zl system is coincident with the center of the radius of
curvature for the bottom cap and the x2, Y2' z2 system is coincident with
the center of the top cap. The direction cosine unit vectors u. and u. are
used to define the position of the area elements. It can then be seen that
the vector a.1 can be calculated in the x2, Y2' z2 system simply by translating
the coordinates of dA l to the x2, Y2' z2 system.
a. = Ru. -- --
+ Ru. 3 + (Ru. + 2R - 2h) K (C-6)
i JX jy jz
and the line of sight vector between the elements in the x 2, Y2' z2 system is:
d. = Ru. - a. (C-7)
I 1 I
The angle between the normal to element dA. and the line of sight vector
1
iS:
111,a. = cos (C-8)Rd
Similar reasoning can be used to calculate the angle between the normal
to element dA. and the line of sight vector and is:
J
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Figure C-Z. Geometry of The Lenticular Satellite
177 9A Z 16 AEROSPACE DIVISION
ma. = Ru. "i + Ru. -J +j Ix ly
-ZR + Zh) K
d. = Ru. - a.
J J J
j Rd
where d. = d. = d
3 1
Then the solid angle from dA. subtended by element dA. is:3 1
dA. cos a.
d_= 1 1
d z
and the energy flux from dA. to dA. is:
3 1
d(dEj) : [dE r (a)+ dE e (a)] da
e j I x
d Z
(C-9)
Therefore, the form factor F.. from element j to element i in opposite
31
caps is the ratio of equation C-9 to the total energy leaving the jth surface.
cos a. cos a. dA.
j 1 z
3x d 2"7/
Ij
In computing the energy distribution on the inside of the lenticule, the
shape is approximated by a large number of planar surfaces having their
center points coincident with points on the lenticule. The internal incident
energy on a surface i is then the summation over all the other surfaces of
the emitted energy plus the reflected energy directed towards the ith surface
and can be expressed as
N [ {"+ ajSj) a j) ]s.1 = y- F.. _ + + (I- sj dAj (C-lO)j = 1 31 Ej G.3 (Hi
or grouping the terms of S and H:
N 1 [Ej(1 +_. C. ]
S. dA. = E F. - aj) J. S + ) H dA
I i j = 3i E. +_j3 j E.+_.j J J J
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As can be seen, when all surfaces have been considered in this manner,
the resultant set of N simultaneous equations must be solved for the internal
energy distribution S. In order to facilitate this solution, the simultaneous
equations can be written in matrix form.
[I] NxN - [P] NxN [S] Nxl = [o]Nxl
where
Pi, j
Fji (E.(1-a.)3 J + 6j) dA.j
gi =
and[I]is the identity matrix.
[4 : [4
Since all terms in the
E.+ £.
N J J E.
J H dA.
Z Fji E. + £ j j
j=l j j
Then the S matrix can be found by:
teristics of the satellite,
satellite and the changing external energy distributions can be considered by
recalculating the [G] matrix and multiplying bythe inverse of [P].
The reaction force, d--_, derived from energy loss to the outside of the
[o]
P] matrix are functions only of the physical charac-
the matrix need only be inverted once for each
balloon is:
d--F = 1 /n (dE cos eL) cos a d_'L (C-l l)
c O
dF
o
dEo
= 2_
3c
dE Z_
o
Z
sin a cos c_ da
where d_ is the solid angle element, dE cos = is the energy flux per solid
0
angle emitted to the outside at angle a to the normal and dF is the resultant
force normal to the surface and directed inward. The total energy flux
emitted outward from an area element i is:
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E.
1
(H i + aiSi) dA. 1
Since it has been shown in equation C-11 that the total flux leaving an area
element is _ d E , the reaction force on an area element i can then be ex-
o
pressed as:
E.
d-_. 2 I
I - 3c c + E. (Hi+ aiSi) dA.1 (C-IZ)
i i
The total reradiation force F is found by summing vectorially the reaction
forces for each area element over the entire lenticule.
The skin temperature of the satellite can be determined as a byproduct of
the force calculations. In equilibrium, the total energy flux into an area
element must equal the total energy flux out of the element or:
H.+a.S. = i+ T.4I I I Ei) I (C- 13)
The torques acting on the lenticule due to the reradiation forces can also
be determined as a byproduct. Since these forces act normal to the area
element the moment arm is just the perpendicular distance from the center
of the lenticule (center of gravity) to either the vector u. or u. dependent upon
1 j
whether the area element is in the top or bottom cap of the lenticule. Thus,
if the area element is in the top cap the torque due to that area element is:
Qi = Y" (R-h)_l-u z. (G-14)
1 1Z
Through the use of equations C-lZ, C-13, and C-14 the forces, skin
temperatures, and torques on the lenticule can be calculated for any con-
figuration and orientation. A computer program has been developed based
on this model and has been used to calculate the force table which in turn is
used to calculate the mobility of the satellite.
As a means of checking the accuracy of the program, the satellite has
been degenerated to the spherical case by setting h, the cap height of the
lenticule, equivalent to R, the radius of curvative of the lenticule. Both
the forces and temperatures compared very favorably with those computed
previously for the spherical satellite.
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Definition Of Symbols
Radius of curvature of lenticule.
Cap height of lenticule.
Coordinate system originating at radius of curvature for bottom
cap of lenticule (figure C-Z)
Coordinate system originating at radius of curvature for top cap
of lenticule
Direction cosines from Xl,
on bottom cap
Yl, Zl coordinate system to a point
Direction cosines from x2, YZ' Zz coordinate system to a point on
top cap
Vector from x., Yl z coordinate system to point on top cap
defined by Ru. 1 ' 1
i
Vector fromxz, YZ' z2 coordinate system to point on bottom cap
defined by Ru.
J
Differential area associated with point defined by Ru. on bottom
cap J
Differential area associated with point defined by Ru. on top cap
I
Vector between elements dA. and dA. on opposite caps
j i
Angle between normal to element dA. and d vector
J
Angle between normal to element dA. and d vector
1
Heat influx per unit skin area to area element i from sources
external to balloon and from electronics
Stefan- Boltzman constant
Incident energy on area element i from internal emission and
reflection
Outside emissivity of area element i
Inside emissivity of area element i
Inside absorptivity of area element i
Form factor from element j to element i
Spherical coordinates
Number of area elements used to approximate lenticule
Speed of light
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T°
i
Q.
l
Skin temperature of the ith area element
Torque on the lenticule due to area element i
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APPENDIX D
DERIVATION OF VEHICLE DETERMINATION CHART
Skin Requirements
r 2The volume displaced by the satellite skin is given by 4 _ t, where r =
satellite radius and t = skin thickness. The additional volume required for
gore seams, reinforced gores, and thermal coatings is estimated to be 18
percent of the skin volume based on Echo II construction. Thus the fabricated
2
skin volume can be expressed as 1.18 x4 _ r t.
Structural Requirements
Results of the structural study indicate that the weight of torque coils,
coil tubes, skin reinforcing tubes, and tube inflatant will amount to approxi-
mately 8 percent of the skin weight for satellites with a diameter of 100 feet
or less. Since the structural material is identical to that used for the
Z
satellite skin, the volume required for structure will be 0.08 x 4 _r r t. The
total volume of skin and structure may be represented as a function of
Z D 2satellite diameter by (I. 18 + 0.08) x 4 _ r t = I.Z6 _ t.
Assuming the material to be Echo II laminate, with t = 0. 0008 inch and a
density p = IZ8 Ib/ft3, a table of skin weight and volume as a function of
diameter may be developed as shown below in table D-I.
TABLE D- 1
SKIN AND STRUCTURAL REQUIREMENTS
VERSUS SATELLITE DIAMETER
Diameter (ft)
Volume (ft3)
Weight (Ib)
125.00
4.12
529.00
I00. O0
2.64
339. O0
75.00
1.47
190.00
50.00
0.66
85.00
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Balloon Inflatant
The volume of balloon inflatant required varies as the cube of satellite
diameter, but required pressure to produce a given skin stress varies in-
versely as the diameter. The total irdlatant weight is therefore proportional
to the square of the diameter. If the 52 pounds (0.72 ft3) of acetamide re-
quired for the 135-foot diameter Echo II satellite is taken as a base, a table
of inflatant weight and volume versus satellite diameter is obtained (see
table D-Z).
Diameter (ft)
Volume (ft3)
Weight (ib)
TABLE D-2
INFLATANT REQUIREMENTS VERSUS
SATELLITE DIAMETER
I00.00 I 75.00
0.38 0. Z2
27.50 16.00
125.00
0.62
45.00
50.00
0. I0
7.Z0
Total Skin and Inflatant Requirements
The total requirements for skin and inflatant can now be established as a
function of satellite diameter by adding inflatant requirements to structural
requirements (see table D-3).
TABLE D-3
STRUCTURE AND INFLATANT REQUIREMENTS
Diameter (ft)
Volume (ft3)
Weight (Ib)
125.00
4.74
574.00
I00.00
3.0Z
366.00
75.00
1.70
206.00
50.00
0.76
92.00
Packing Factor
The packing factor is the ratio of required canister volume to the actual
volume displaced by the satellite which can be packed within it. The indicated
packing factor for Echo II was 13.80 - 4.66 = 2.96. Table D-4 shows the
volume of equipment which could be packed within the A-I2 canister with
packing factors of 3.00, 3.25, and 3.50.
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TABLE D-4
AVAILABLE VOLUME VERSUS PACKING FACTOR
®
Packing Factor
Available Volume (ft3)
3.00
4.60
3.25
4.25
3.50
3.94
Allowable Equipment Volume
The allowable equipment volume, as a function of satellite diameter, is
obtained by subtracting the volume required for structure and inflatant from
the available volume. The results of this are shown below in table D-5.
TABLE D-5
ALLOWABLE EQUIPMENT VOLUME
__er (ft)
Pack-
ing Factor _,
3.00
3.25
3.50
125
_ _:¢
I00
I. 58
1.23
0.9Z
75
2.90
2.55
2.24
5O
3.84
3.49
3.18
* The canister volume would be totally occupied by balloon structure and
inflatant leaving no volume available for equipment.
Allowable Equipment Weight
The allowable equipment weight can be limited either by the total launch
weight restriction of 618 pounds or by an area-to-mass ratio restriction
imposed by satellite mobility requirements.
To obtain the weight of equipment allowed by the total launch weight re-
striction, the weight of structure and inflatant is subtracted from 618 pounds
(see table D-6).
TABLE D-6
ALLOWABLE EQUIPMENT WEIGHT
ON TOTAL WEIGHT BASIS
Equipment Wt (Ib) 44 252 412 526
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Area-to-mass ratio requirements may impose additional restrictions on
the equipment weight. The 200-foot-diameter satellite weighing Z000 pounds
used in the Phase I studio of mobility corresponds to an A/M of 15.7 ft2/Ib.
The total satellite weight for an A/M of 15.7 varies with diameter as below
in table D-7.
TABLE D-7
ALLOWABLE TOTAL WEIGHT FOR A/M = 15.7
Diameter (ft) 125 100 75 50
Total Weight (ib) 780 500 281 125
The allowable equipment weight is found by subtracting the weight of
structure and inflatant from the allowable total weight for each satellite
diameter (see table D-8).
TABLE D-8
ALLOWABLE EQUIPMENT WEIGHT FOR A/M = 15.7 ftX/ib
Diameter (ft)
Equipment (ib)
125
206
100
134
75
75
50
33
Various total weight and A/M ratio relations can be found over a range
of values by calculations similar to the above.
The relationships established in the foregoing discussions have been
correlated and presented graphically in the Vehicle Determination Chart of
figure D-l. This chart offers a quick solution for a wide variety of param-
eters and indicates not only the small range of workable combinations but
also the penalties or benefits achievable within that range.
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Figure D-1. Vehicle Determination Chart
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APPENDIX E
RADIATION EFFECTS
G ene ral
Radiation damage to semiconductor devices results from the formation of
lattice defects which, acting as recombination centers, reduce the minority
carrier lifetime and thus degrade the semiconductor output. The number of
defects is a measure of degradation and is dependent on the total particle
dosage. It is this dosage which must be evaluated for each orbital condition
to determine the lile expectancy and shielding requirements.
Charged particles encountered by an earth-orbiting satellite can be traced
to three major sources: (1) the Van Allen Belt, a high intensity radiation
zone composed of naturally formed protons and electrons trapped by the
earth's magnetic field; (2) the artificial radiation belt, consisting of high-
energy fission electrons produced by high altitude nuclear testing and decaying
with time; and (3) solar flare events which produce bursts of high energy pro-
ton radiation of relatively short duration. The particle flux in the Van Allen
and artificial belts varies with orbit altitude and inclination, but that from
solar flare events is independent of orbit parameters and therefore establishes
a lower limit of particle flux. Dose rates encountered by semiconductor
devices as a function of orbit altitudes and inclination were obtained from
reference E-1, which is based on numerous satellite measurements of parti-
cle flux. To facilitate the calculation of required shielding and initial excess
capacity, the dose rates have been converted into the time (T) required for a
semiconductor having 0. 1 gram/cm 2 of shielding on one side and infinite
l012shielding on the other side to accumulate a radiation dose of 9 x Mev/
gram. Table E-1 gives the variation of T over the range of orbit altitudes
and inclinations of concern. At altitudes under 1000 statute miles, T will be
AEROSPACE DIVISION ,
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slightly lower for years prior to 1968 and greater for years beyond 1968 due
to the gradual dissipation of the artificial electron belt.
TABLE E- l
TIME (T*) TO ACCUMULATE A RADIATION DOSE
12
OF 9 x I0 MEV/GM
{YEAR 1968)
Altitude
(St. mi. )
5OO
I000
1500
2000
2500
3000
3500
Inclination
0 degree
5.710
0.032
0.013
0.010
0.010
0.011
0.023
30 degrees
5.710
O. O6O
0.023
0.019
0.019
0.026
O. O6O
60 degrees
5.710
0.098
0.048
0.034
0.035
0.053
0. ii0
90 degrees
5. 710
0. 120
0. 057
0. 041
0. 043
0. O62
0. 120
Shielding and Degradation of Solar Cells
NP silicon soIar cells have a 30 percent degradation in power output for the
reference radiation dose of 9 x 1012 Mev/gm. An assumption of infinite shield-
ing on one side is valid for solar cells due to the location of the junction within
the cell and the usual presence of backing material. The T values for the
specific conditions of table E-1 must be generalized to reflect variations in
cover slide thickness and tolerable degradation of power output. First
consider slide thickness. As charged particles penetrate a shield material,
their energies are absorbed through processes of ionization and excitation of
shield atoms. This energy transfer is a function of both the initial particle
energy and the atomic composition of the shield. By a comparison of the
energy spectra of belt protons with the rate of energy loss of protons in typi-
* T is defined as the number of years in circular orbit required for a semi-
conductor having 0. 1 gram/cm 2 shielding on one side and infinite shielding
on the other side to accumulate a radiation dose of 9 x l012 Mev/gm.
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typical shielding materials (quartz and fused silica are of concern here), it
has been determined in reference E-I that the life of shielded solar cells
varies as the 1.38 power of the shield thickness expressed in grams/cm 2.
With regard to degradation, testing of NP silicon solar cells reveals that the
relationship between degradation and radiation dosage can be approximated by
an exponential.
o. 086 AP (E-l)
Dosage _ e
Ap is the percentage decrease in power output. Since life is actually a
measure of the time to accumulate a dosage corresponding to a specific degra-
dation at a constant average dose rate, the above shielding and degradation
relationships can be combined and applied to the T values of table E-I to yield
T values for any specific set of conditions. Equation E-2 becomes the general
expression relating life, decrease, power output, and shield thickness:
0. 086 (ZIP)
L e ( x )1.38 (E-2);- = o. 086 (,xp) x---°
e
_ e
O/
L = actual life in years corresponding to power decrease _P
x - actual shieid thickness expressed in gram/cm z
T = time in years as defined in table E-1
Ap = reference degradation used in table E-I -- 30 percent
o
x =shieId thickness used in table E-1 - 0. 1 gram/cm ?'.
o
Optimized Shield Thickness and Degradation
Life requirements for a solar cell array may be satisfied by various
combinations of shielding to retard degradation and initial excess capacity
to compensate for degradation. The combination which minimizes the total
weight of the array is considered optimum for this study.
Approximately 400 solar cells weighing 0. 176 pound can be mounted per
square foot of array area. The output from these cells will be about I0 watts
when they are ideally oriented, nondegraded, and unshielded. Output varies
AEROSPACE DIVISION
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inversely with an exponential function of the shield thickness, and the output
-I. 6hper square foot can be approximated by 10e where h is the thickness in
inches of fused silica shielding. The weight of this shielding is II. g pounds
per square foot of array per inch of shielding thickness and corresponds to a
cell shielding (x) of 6. 35 gm/cm Z per inch of thickness. 40-rail aluminum
backing contributes 0.55 pound per square foot of array. Therefore, the
output from an ideally oriented, nondegraded array can be expressed as:
-I. 6h10e watt
P' = (E-3)0. 176 + 0.550 + ll.2h Ib
h = fused silica shielding thickness in inches
The output power after degradation z_P, will be (I-AP/100) times the original
power capability.
for an ideally oriented array per watt output after degradation.
I. 6h
(0.726 + ll. gh) e Ib
Kidea I =
I0 1-I-- _
The expression for Ap is found by rearranging equation (E-Z) in the following
Combining these relationships yields the weight requirement
form
1 (L/T)
ZkP = _ +_ Log eo 0. 086 i. 38 (E-5)
(6.3Sh/Xo)
Figure E-1 is obtained b_ solving equations E-4 and E-5 and indicates the var-
iation in array weight as a function shielding thickness for a wide variation in
life and radiation environments. It can be seen that for every life requirement
and orbit environment, there is an optimum shield thickness. A shield thick-
ness in excess of this optimum results in a weight penalty, and it would be
better to increase the area of the solar cell array to compensate for degrada-
tion rather than provide the shielding to reduce the degradation. The satellite
under consideration here is not limited in solar cell area, and minimum solar
array weight may be achieved in all instances by using the optimum shield
thickness.
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Figure E-I. Solar Panel, Pounds Per Watt Versus Cover Thickness
for a Wide Range of Life and Orbits
Effect of Solar Array Geometry
The actual "K" factor for an orbiting satellite depends on the array geom-
etry since the total array is seldom, if ever, ideally oriented. The station-
keeping satellite of concern here is an earth-oriented satellite having a
continually varying satellite-sunline relationship. A study of this relationship
including an initial period for stabilization indicates that provision must be
made for supplying power at any arbitrary satellite orientation. Since the
satellite is a large sphere, it is necessary to maintain a compatible array
geometry. A sphere with uniform coverage of solar cells has no unique
233 1779A
AEROSPACE DIVISION
orientation where the projected cell area is a minimum. At any orientation
the projected cell area is equal to Z5 percent of the total cell area. For
arrays other than uniform coverage on a spherical surface, a unique orien-
tation of minimum effectiveness exists. In the case of arrays having three
or less concentrated areas, the minimum effectiveness is 0; and for an
equally spaced, 6-area array it is 16.7 percent. The variation in effective-
ness is relatively small for arrays having six or more areas and is relatively
large for arrays with less than six areas. Since structural concepts for the
satellite provided six areas where solar cell arrays could be located con-
veniently without additional structure, a 6-area solar cell array was chosen.
Random failure redundancy must also be considered in the calculations of
an actual "K" factor. A 5 percent redundancy is appropriate for low voltage
arrays comprised of many parallel strings of cells. The actual "K" factor
equation, combining the effects of random failure protection and array geom-
etry becomes:
I. 05 Ib (E-6)
Kactual - 0. 167 Kideal .... watt
Figure E-Z indicates the variation of both "K" ideal and "K" actual for optimum
shield thickness with orbit altitude, inclination, and life requirement.
Effect of Earth Shadowing
Effects of the earth's shadowing must also be taken into account to deter-
mine total solar cell requirements. The solar cell array must be capable of
supplying sufficient energy during the illuminated portion of the orbit to satisfy
the satellite power requirements of an entire orbit.
This can be represented as:
Pt
S
where
P
t
s
td
P(ts + td) or P = I_(1 + --t ) (E-7)
S
= required solar cell power rating
= time in the sunlight per orbit
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Figure E-2. K Factor as a Function of Altitude, Inclination, and Life
td = time in darkness per orbit
P = average satellite power required per orbit
The value of td/t_ is a function of both the orbit altitude and inclination. InS
calculating the ratio of td/ts' it is assumed that the satellite will be occulted
during each orbit for a period of time equal to that which would occur if the
satellite were in the ecliptic plane. This condition is conservative for all
inclinations most of the time, however, there are times at any inclination
when the proper combination of precession and seasonal change will result
in the maximum period of satellite darkness. Therefore, inclination is not
considered as a variable when calculating dark time.
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Solar Cell Array Weight
The necessary information is now available to calculate the solar cell array
weight. The actual "K" factor giving the pounds per watt is shown by figure
E-Z and includes the effects of shielding, initial excess capacity, and random
failure redundancy to meet the life requirements, and a factor for array
geometry. The required power rating is determined as shown above. An
equation for the weight can now be written:
td
W = KP = K1_ (I + _---) (E-8)
s
A graphical solution of this equation is presented in figure E-3, with the ratio
of td/t s replaced by the more convenient parameter of orbit altitude. Wide
variations in weight are immediately apparent. For example, in order to
sustain life for 5 years, the weight of a 6-area solar cell array required to
furnish an average power of 50 watts varies from 58 pounds for any inclination
at an altitude of 500 miles to 305 pounds for an equatorial orbit at Z500 miles
altitude.
Gallium Arsenide Solar Cells
In an attempt to reduce the weight of solar cells required for satellite
power, the properties of gallium arsenide cells have been investigated. These
cells with their higher atomic mass, have a damage threshold which is
approximately I00 times that of NP silicon cells (references E-Z, E-3). When
this threshold dose is exceeded, however, GaAs cells degrade faster than do
NP silicon cells. GaAs cells have been found to be more efficient up to a
radiation exposure of 1013 (17.5 Mev) protons/cm Z, corresponding to an
absorbed dose of approximately Z x 1014 Mev/gram. At this dosage, silicon
cells become equal in efficiency to GaAs and are more efficient for all higher
dosages. For 5-year power supply life with optimum shielding, this crossover
point will be exceeded in all orbits above 1000 statute miles, thus dictating the
use of silicon cells. Gallium arsenide cells could be used for those orbits
below 1000 miles; however, the solar array weight under these conditions is
low and very little saving in total weight would be realized.
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Figure E-3. Solar Cell Weight as a Function of Power,
Altitude, and K Factor
Shielding of Electronics
The principles of cover slide thickness calculation for solar cells can be
applied equally well to shield thickness for electronic circuit packages
containing semiconductor devices. In the case of electronics packages,
the radiation tolerance and allowable degradation are dependent on the
selection of components and on the circuit design, respectively. Tolerance
is defined as the radiation dose which the components may absorb and still
operate acceptably in a given circuit. Useful life of a circuit containing semi-
conductor devices can be found by multiplying the T value from table E-1 by
1Z
the ratio of the allowable dose to the 9 x 10 Mev/grn dose on which table
E-I is based.
T
L = T C
C T
O
(E-9)
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where
L = circuit life {years)
C
T = time in years from table E-1
T = component tolerance for a particular circuit
C
= = 10 IZT reference dose of table E-I 9 x Mev/gram.
o
Many materials can be used to shield electronic packages; however, the
effectiveness of shield materials varies inversely as the atomic number. The
term in equation E-2 relating shielding thickness ratio remains unchanged if
the atomic number of the shield material approximates that of the silica cover
slides provided for the solar cell arrays. Aluminum is such a material.
The equation relating the combined effects of the above parameters on equip-
ment life is shown by equation E-10.
1.38
Z = T
c (E- 10)
where:
T is taken from table E-I
x = required shield thickness in grams/cm 2
x = 0. 1 grams/cm 2
O
Calculation of electronic equipment shield thickness for the satellite was
based on the selection of components and circuit designs which minimized the
effects of degradation and assumed the use of an attainable radiation tolerance
of I00 x i0 IZ Mev/gram {reference E-4). The thickness of aluminum
shielding required to assure a 5-year life with this component tolerance was
determined from the above equation. Figure E-4 indicates the variation of
thickness with altitude and inclination. It is to be noted that the required
thickness varies drastically from 0.00Z inch for a 500-mile orbit altitude to
0.23 inch for an equatorial orbit at Z000 miles.
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Figure E-4. Semiconductor Shielding Thickness as a Function
of Altitude and Inclination
Conclusions
a. For satellite lifetimes in excess of 1 year, the weight of solar cell
power supplies varies significantly with inclination and altitude in the range
from 500 to 3500 statute miles due to the variation in measures required
to counteract and minimize the effects of radiation degradation.
b. The most severe radiation environment, which occurs at altitudes
between g000 and Z500 statute miles in the equatorial plane, can require that
the weight of a power supply be more than 5 times as heavy as that required
in low radiation orbits.
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c. In cases where solar cell area is not limited by satellite geometry,
an optimum shield thickness can be determined such that combined shielding
and initial excess capacity results in a minimum weight power supply.
d. Slight modifications allow the application of solar cell shielding
equations to the calculations of shield thickness for electronic circuits contain-
ing semiconductor components.
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APPENDIX F
TORQUE COIL OPTIMIZATION
The torque coil must be designed for minimum total weight of coil and
torquing power supply. Figure F-1 shows that minimum total weight is
achieved when the weight of coil equals the weight of power supply. This
relationship is derived below.
I00
TOTAL
POWER SUPPLY
2O
COIL
0 I I I
IO 20 30
POWER-WATTS
1636 A - VB- ?.
Figure F-1. Weight vs Power
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The torque produced by a single torque coil can be expressed as:
T = NIAB
where
N = number of turns,
I = coil current,
A = area enclosed by the coil,
B = the earth's magnetic field.
D 2
Substituting for A the value
7rNIBD Z
T-
4
The resistance, R, of the coil is a function of its resistivity, p, and its
cross=sectional area, a, such that:
7rND p
R-
a
Power dissipated in the coil would then be
P = I2 R = rNDPl 2
a
The weight of power supply required for power P can be expressed as:
W =KP=K
ps a
(=NDP 12)
where K is the solar cell power supply factor in pounds/watt.
The weight of the coil, W , can be written:
c
W ; 1rND ad,
c
where d is the coil density. The total weight of the coil-power supply system is
K NDP I Z
Wt - a + _ND ad
Solving the torque equation for N and substituting into the above equation
yields
Wt :D--B
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If the above equation is differentiated with respect to I and set equal to 0,
the optimum total weight of the system (coils plus power supply for torquing)
is obtained:
The power dissipation at optimum conditions is
so that the required power supply weight would be expressed as:
W - KP
ps
which by substitution becomes
Wps=
The weight of coil is equal to the total weight minus the weight of power
supply
c t ps \DWJ
W = -- d9
c DB
d0- gg d0
Thus for minimum total weight, the weight of the coil is equal to the
weight of the power supply required for torquing.
The product of resistivity and density has been previously shown to be a
minimum for aluminum. The calculation of coil weights must, however,
include the weight of insulation. This factor may be incorporated into the
optimization equation as described below.
The equivalent resistivity and equivalent density of a composite coil mate-
rial may be presented as 9e and d , respectively. If the area of conductor
e
is A and the area of insulator is A., then:
c 1
weight = d A +
e = dcAc_c diAi2i
since 2 = 2i = _C
A A.
C 1
d=d + d.--
cA 1 A
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Resistance -
PeA Pc "_c
A A
C
(since Pi is very high)
A
Pe = Pc A
c
/
d
=Pc[d +d +
e \ c c
=Pcdc 1+ d A
C C
d.
1
For aluminum conductor with mylar insulation, B = 0 55.d "
A. c
1
value for _ is Z, therefore"
c
A reasonable
d = pc d (1 + Zx0.55) = Z.1 p d
e C C C
The optimum weight of insulated aluminum coil can be expressed as:
c = D--B K (Z. I) PAl d A1
The operation of the satellite orientation system assumes that only two
coils would be in operation at the same time. Since the total power require-
ment is therefore twice the power per coil, the optimization of torque coil -
power supply weight occurs when the weight of two power supplies equals the
weight of three torque coils.
This may be represented by balancing the weight of two power supplies
against two torque coils whose effective density includes the dead weight of
the third unused coil. Thus including the insulation factor, the single axis
coil weight is
W Z 4T jc = 3 DB (1.5) (Z.I) K p d
For a g00-foot diameter satellite at 1500 miles and 60 degrees, a peak
T/B of 0.5Z foot-pounds/gauss and K = Z. 7 pounds/watt resulting in a single
coil weight of 11.3 pounds. Total coil weight is equal to total power supply
weight at 34 pounds. This is compatible with a peak power requirement of
12.6 watts for torquing. Control system studies indicate that the average
power requirement for torquing during a controlled flip operation is 6 watts.
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APPENDIX G
METEOROID PENETRATION
Meteoroid damage to the satellite may consist of degradation of solar cell
output due to surface erosion, failure of solar cells resulting from a direct
meteoroid hit, breakage of interconnecting wiring, and equipment failure
caused by meteoroid penetration to component depth.
The first step in the evaluation of the meteoroid hazard is a definition of
the flux and penetration criteria to be used. The flux and penetration of
these particles have been predicted theoretically for many years. Only re-
cently, however, have satellite experiments provided a means of verifying
these predictions. Data from the Explorer XVI Micrometeoroid Satellite
indicates that the number of penetrations observed during the period from
3 March to 26 May 1963, was approximately 0. 1 of that anticipated by the
commonly used Whipple 1961 flux data and the Bjork penetration criterion.
Explorer XVI data have been obtained only for penetrations through material
thicknesses of 0.001 and 0.00Z of an inch and is, therefore, not directly
applicable to the penetration depths required for this project. By considering
the slope of the penetration curves derived from earlier satellite data
(Vanguard, Pioneer, Samos, Explorer, Midas, and Ranger), the Explorer
XVI data can be extrapolated to greater material thicknesses as shown in
figure G-1.
Assuming the meteoroid flux described in the preceding paragraph, mete-
oroid damage to the satellite during a 5-year lifetime will not present a
significant problem. The loss of power resulting from meteoroid damage to
a solar cell can be minimized by use of combined series - parallel connections
allowing the continued operation of the other cells in that particular panel.
The erosion of solar cell covers by meteoritic dust will cause a degradation
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Figure G-1. Meteroid Penetration Data
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of negligible magnitude when compared to radiation damage. Since conduc-
tors for interconnecting wiring must be kept thin to allow folding, their width
will be sufficient to minimize the number of breakages resulting from mete-
oroid puncture. In addition, redundant wiring can easily provide alternate
current paths in the event of conductor breakage. The electronic packages,
due to their large exposed area, must be examined closely to assure proper
protection for the electronic components. The material thickness required
to provide a given probability of zero punctures can be determined from
figure G-I and the equation:
1
log e
N - P(o)
AT
where N is the number of penetrations per square foot per day, A is the
exposed area in ftZ, T is the mission time in days, and P(o) is the relia-
bility of the shield. For a reliability of 0.90, the required aluminum thickness
to protect 28 ft2 of equipment for 5 years is obtained from figure G-I as
0. 070 inch. The electronic components will be encapsulated in rigid poly-
urethane foam and enclosed in an aluminum radiation shield. The effective
thickness of the polyurethane foam may be determined from the relationship,
I/3
[ EA1 PAl ]t = tAl Ep
where E is the modulus of elasticity and P is the density. Using this equation,
6. 5 inches of polyurethane foam (p = 0. 0087 Ib/in. 3, E = 4. 0 x 105 psi) are
equivalent to 1 inch of aluminum. Thus, electronic components surrounded
by a 0. 040-inch-aluminum radiation shield and embedded in a minimum of
0. Z0-inch foam would be adequately protected against meteoroid penetration
for the required 5-year life. This is compatible with the requirements due
to radiation and thermal environments and does not impose an additional
penalty.
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